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PREFACE

The purpose of this text is to provide a classroom
training aid for performance courses conducted for
airline customer personnel. The test contains an
explanation of turbojet airplane performance methods
and their application to jet-propelled aircraft. In
addition, the text includes necessary background
information for the specific operation and performance
of Boeing jet transports.
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It should be noted that 661.
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Expressions for dynamic pres-
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INTRODUCTION

O-1 HISTORY AND DEVELOPMENT

In May, 1954, & new airplane was rolled out of the Renton, Washington plant.
This airplane, the prototype of America's first jet transport, was an investment
of the Boeing Alirplane Company, and represented the company's re-entry into the
field of commercial aviation. For a decade production strength was being poured
into the national defense effort. Now there appeared a place on the production
line for other than militery aircraft.

The decision to offer a jet transport to the nation's asirlines was not a new
idea. Early design studies were begun in 1946 and carried on through the years.
The success of the B-47 bomber instilled even more confidence in the undertaking.
In late 1947 and in 1948 an appreciable amount of preliminary work was done on a
commercial Jet transport configuration. This was largely directed toward an in-
vestigation of the possible economics of the configuration to see if such a
transport would be commercially feasible. Very little drawing board design work
was attempted and the characteristics assumed for the studies were taken directly
from the contempory swept wing bomber investigations. Work accomplished during
1947 and subsequent years in some cases was placed under the designation of Model
473, Some designs proposed in this era were the 473-12, L473-1k, 473-19, and
473-29 models.

By mid-1949 it had become apparent that neither Boeing nor the potential users
possessed sufficlent knowledge of the factors which would be involved in a Jet
operation. Consequently, Boeing undertook a comprehensive study, based upon the
performance of a hypothetical airplane. Included were not merely takeoff and
landing dlstances and crulsing speeds, but the entire picture of Jjet transport
operation. The alrplane upon which the study was based was powered by four en-
gines having characterlstics somewhet similar +to those of the military J-57
engine manufactured by Pratt & Whitney aircraft. It had a wing area of 2500 square
feet with a sweepback of 35 degrees, wilth serodynamic characterlistics similar to
those of the B-52. This study constituted by far the most thoroughly-filled
package of jet-transport information assembled by anyone to that time.

So favorable was the reaction of potential customers that a small project was
organized to begin actual design and wind tunnel work. The most significant re-
sult was a 1950 design called the 473-60. It was similar to the airplane of
earlier performence work except that it had a slightly smaller wing of 2300
square feet. The wing characteristics were virtually ildentical to those of the
B-52. The landing gear was a tricycle type having all three gears supported in
the body, resulting in a very narrow tread. The "60" was proposed in two ver-
sions: a domestic model weighing 135,000 pounds, and a transocean model offered
in weights up to 180,000 pounds. A wind tunnel model was made and a full aero-
dynemic study carried out. In the process, it sppeared that improvements should
be made in certaln areas, particularly the landing gear.

While the Model 473-60 study waes underwsy, considerable preliminary design and
aerodynamic work was being done on improvements to the C-97 configuration. A
variety of engines were investigated including advanced versions of the Pratt and
Whitney R-4360 and turboprop installations. Two of the designs that appeared on
the drawing board prior to 1950 were the 367-14% and the 367-22. These models
retained the then current C-97 wing and landing gear features but incorporated
various engine changes. The improvements were not as great as anticipated, and
the designs undertook further change.

D6-1420 Page 0.1



INTRODUCTION

By 1950 a configuration was proposed which was expected to remedy some of the
problems encountered in attempting to improve the C-97. The model was designated
367-60 and was powered by four turboprop engines. It was characterized by a
gulled-wing designed to lower the floor and to provide propeller clearance.
Sweepback was beginning to look profitable and an 18 degree sweep was selected
for this model. However, progress of the turboprop engine development was dis-
appointing and serilous consideration was given to the turbojet engine.

Late in 1950 work was begun on Model 367-64, a design based around a C-97 body,
four jet engines and a new landing gear. The wing had an area of 2500 square
feet and 25 degrees of sweepback. The increased sweep was found to give more
desirable Mach number charscteristics. A great deal of effort went into this
design. The amount of wind tunnel testing that was done was more than many high
speed airplanes have had prior to first flight. Although this design, commonly
known as the "Advanced C-97," was a good airplane, it became evident by late
sumer of 1951 that it would not be sold. All was not lost, for the vast fund of
knowledge galned from turboprop and turbojet investigations brought about a bet-
ter understanding of design and operationasl requirements of a jet transport. The
landing gear problem, which had been difficult in earlier designs had been worked
out on the 367-64. In other ways, including body shape, development work on the
"6L" pointed to further improvements.

For example, the fuel capacity of the 367-64 was less than desired. This was
partially due to the fact that the wing had been severely thinned in order to
achieve Mach number objectives. In addition, the thinning had produced a wing
that would be difficult to fabricate from a manufacturing standpoint. To adjust
these factors, a new wing was laid out which was thicker and had a 35-degree
angle of sweepback. Even here, previous efforts were not lost, as the wing was
essentially the "64" wing rotated an additional 10 degrees about the root. The
result of the additional sweep reduced the span from 140 feet to 130 feet but
maintained the gross area at 2500 square feet, including an inboard trailing edge
extension which faired the landing gear. It is this wing, with refinements to
airfoil sections and trailing edge extension which is on todays TO7 prototype.

Many of the drawings made at the end of 1951 were now being labeled Model 707, as
they were the products of Jjoint efforts to incorporate the work of the past
months into & saleable article. It appeared also that a demonstration airplane
was required to convince potential customers of the advantages of jet transporta-
tion to a degree sufficient to warrant their large investment in new equipment.
Models 707-5 and 707-6 evolved to & point where a decision to build a prototype
airplane was forthcoming. In May 1952, work was begun although for economic rea-
sons the model number was changed from 707 to 367-80. It was desired also to
keep the prototype light in weight and simple in design and operation. During
the course of the design, a number of changes were made. The most significant of
these was the change from dual engine pods to four single pods. Subsequent
attempts to enlarge the body cross-section were discontinued in favor of making
the change on production models.

The models discussed herein are but a few of the 150 "paper" airplanes that make
up the ancestral lines of the 707. The years of research, investigation, and
production ingenuity culminated on July 15, 1954 when the 367-80 prototype made
the historic first flight from Renton Airport. Lending wes made at Seattle,
Boeing Field, after a flight of one hour and 24 minutes.
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INTRODUCTION

Two versions of the production TO7 airplane exist: the "Stratoliner," and the
"Intercontinental." The Stratoliner airplane was designed to serve the longer
domestic and most intercontinental routes and has a range capability of over 3,500
nautical miles. The Intercontinental was designed to carry a 40,000 pound payload
over 5,000 nautical miles. There are variations within the models and series
depending upon the requirements of the customers.

Following closely on the heels of the family of 707 airplanes is the medium range
Model T20. Although similar to its predecessor in appearance, it is a completely
new design from a weight and structural strength viewpoint. Variations of Model

720 exist largely due to the type of power plant equipment used. The development
of a turbofan engine with its higher thrust ratings and vastly improved specific

fuel consumption makes the Model 720 an attractive package.

Another addition to the family of Boeing airplanes is the Model 727. It features
the latest advances in jet engine technology and aerodynamics. Its smaller size

and versatility provides low cost air transportation in the short-to-medium range
class.

Over a period of U4 1/2 years, thousands of details and design features were studied
for feasibility and checked out against specific airline objectives. Having detailed
and tested a total of 68 complete airplane designs, the final form of the 727 was
established. The Model 727 differs noticeably in appearance from its predecessors,
in that it is equipped with three turbofan engines and a dominating empennage section.
Two of the three engines are mounted in pods at each side of the rear fuselage. The
cowl-enclosed third engine is suspended from a beam at the rear of the fuselage, with
the air intake located at the base of the vertical fin. The engine location dictated
the design of tail, such that the horizontal stabilizer is attached to the top of the
fin structure. The vertical stabilizer is swept sharply aft to give the control sur-
faces maximum effect for minimum size and weight.

A high degree of "commonness'" has been preserved in the T07/720 and the T27 airplanes.
Any changes in the systems were made only on the basis of improvements possibly due
to experience and to advances in the state of technology, or due to the aircraft's
intended short-haul, minimum ground time use.

Low speed performance is built into the wing by means of high-1lift devices. These
consist of triple-slotted trailing-edge flaps and leading-edge flaps and slats.

The T27 uses dual hydraulic packages to power the primary flight controls throughout
complete surfact travel. Elevators and ailerons are aerodynamically balanced to
allow manual operation. The rudder has a third hydraulic system available for
backup purposes.

To reduce the turn-around time and make the airplane as self-sufficient as possible
an aft airstair is installed as an integral part of the fuselage. In addition, a
forward airstair can be installed at the option of the customer. To provide electric
and pneumatic power for ground operation an airborne auxiliary power unit can be
installed in the wheel well.

Advanced high-1ift devices enable the 727 to operate at full payload (24,000 lbs.)

from 5,000-foot runways. The 727 is capable of carrying 7O - 114 passengers at
speeds up to 600 miles per hour over a distance ranging from 150 to 1,700 miles.
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The most recent addition to the family of Boeing airplanes is the Model 737. The
737 offers the public jet speed, comfort and convenience on routes as short as

100 miles. The 737 is designed to operate over short-to-medium ranges, at cruise
speeds up to 580 m.p.h., from sea level runways under 5,000 feet in length. The
737 design draws heavily from its companion aircraft, the 727. Commonness between
the two airplanes is apparent in the T37's wide body structure, identical doors,
sidepanels, ceilings, seats, and engines.

The 737 is equipped with two wing-mounted turbofan engines, tucked close under the
wing. This location gives "eye-level' engine accessibility and improved structural
efficiency. The engines are located near the center of gravity which increases
loading flexibility and located far enough outboard to clear a water or slush spray
pattern from the nose gear.

Low speed performance is built into the wing by means of high-1lift flaps that are
similar to the 727 flaps; triple-slotted trailing-edge flaps, leading edge slats
outboard of the engine nacelles, and Krueger-type leading-edge flaps inboard of the
engine nacelles. The 737 operates at the lowest approach speed of any jet transport
and exhibits excellent speed stability.

Passenger enplaning and deplaning from the 737 is provided with two entry door
positioned forward and aft on the left side of the passenger cabin. All entry and
service doors are of plug-type design. Two emergency exits are centrally positioned
in the passenger compartment with access to the wing.

The auxiliary power unit (APU) with built-in sound suppressors installed in the tail
end of the fuselage supplies electrical energy and air for engine starting and air
conditioning on the ground. In flight, the APU provides air-conditioning air or
electrical power in the event of an engine shutdown. To reduce the turn-around time,
airstairs carried directly under the forward entry door eliminate the need for air-
port stairways. One novel feature is the landing gear. The main landing gear wheel
wells have no separately powered doors. The wheels in their retracted position form
an effective wheel-well seal. All main landing gear parts are identical for left

and right hand gear, thus cutting spares inventory in half.

Fully certified T3T's are scheduled for delivery beginning in late 1967.

Another recent addition to the growing family of Boeing airplanes is the Model
747 airplane. The airplane is a standard four-engine, land based, low wing
passenger airplane designed for commercial transportation of passengers, but
incorporating certain built-in primary structural provisions for modification
to an all cargo configuration. The wide body allows ten abreast passenger seat-
ing or side by side arrangement of 8 foot cross section cargo containers in the
body constant section.

The T4T has a high long-range cruise speed, and will transport a 124,000 pound
payload (490 economy passengers plus baggage), approximately 4,000 nautical
miles. It is designed for a maximum taxi gross weight of 683,000 pounds, and a
maximum landing weight of 56&, 000 pounds. The landing gear, avionic equipment,
and high-lift flap systems allow automatic approach to touchdown of the 47 to
existing airfields with TOT=300B capability. Propulsion is supplied by four
newly developed, high bypass ratio turbofan engines of 42,000 pounds thrust per
engine.
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High efficiency primary and secondary air flow thrust reversers are installed.
Variable area inlets, similar to the 300B,are used. Air for starting is sup-
plied by either an APU, another engine, or an external air cart. Fuel is carried
in integral wing tanks. Manifolded pressure refueling points are provided under
each wing for pressure fueling. Overwing filler ports are provided for gravity
fueling.

Powered flight controls are used for rudder, ailerons and elevators. Dual auto=
matic flight control systems are installed.

Electrical, low pressure pneumatic and hydraulic secondary power is used. These
systems have multiple power sources for high relisbility. A gas turbine APU
supplies all ground power requirements for ground operations and maintenance
functions.s The communications and navigation installations are similar to those
used on the TOT type airplanes. Flight crew and passenger compartments are air
conditioned and pressurized by multiple isolated air conditioning systems using
air bleed from the four engines. Emergency oxygen is supplied at all passenger
and crew locations. Cgbin air is used for electronic equipment cooling.

Lower hold cargo volume, using containers, is approximately 5200 cubic feet. An
additional 1000 cubic feet of bulk volume is available.

The flight crew consists of a captain, first officer, and a flight engineer. The
operational crew also includes 16 cabin attendants. The flight deck, located
above the passenger level, has seating accommodations for a check pilot or
observer and a second observer.

A typical passenger arrangement consists of 54 first class passengers, 6 abreast
at 42 inch pitch, 308 economy class passengers, 9 abreast at 34 inch pitch and
an 8 place lounge.

0-2 PRINCIPAL DIMENSIONS

Specification information and principal dimension data for the family of TOT,
720, T2T7, T3T7 and T4T7 airplanes follow.
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707-100 SERIES
PRINCIPAL DIMENSIONS

2433 Sq. Ft.
130 Ft. 10 In.
338 In.

112 In.

.342

+2°

4-2°

26.1 Sq. Ft.
361.65 Sq. Ft.

ATLERON
Inboard Are& ..... 39.0 Sq. Ft.
Outboerd Ares .... 80.6 Sq. Ft.
HORIZONTAL TAIL
Stabilizer Area .. 382.7 8q. Ft.
Elevator Area .... 117.6 Sq. Ft.

BPETL swvmsmsmwnnen 39 FPhe Ol 10

VERTICAL TAIL

Dorsal Area ...... 8.7 Sq. Ft.

Fin Area ...... ees 226.4 8q. Ft.

Rudder Area ...... 101.9 Sq. Ft.

Ventral Fin Area . 25,5 8q. Ft.
BODY

Length ssseucevess 138 Ft. 10 In.
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TOT-100B SERIES
PRINCIPAL DIMENSIONS

WING ATLERON
Area ...... ceeeses 2433 8q. Ft. Inboard Area ..... 39.0 Sq. Ft.
Hp8N «ovessnssvees 130 Fba 10 In. Outboard Area .... 80.6 Sq. Ft.
Root Chord ....... 338 In.
Tip Chord ceews eva 112 In. HORIZONTAL TAIL
Taper Ratio ...... .342
Incidence at Root. +2° Stebilizer Ares .. 427.7 Sq. Ft.
Incidence at Tip . +2° Elevator Area .... 117.6 Sq. Ft.
Dihedral «vosecsse T° Bpan, ssisssasssses B3 P
Sweepback C/k..... 35°
Aspect Ratio ..... 7.065 VERTICAL TATL
MACs isssanasses 201.88 Th,
Leading Edge MAC . Station 786.2 Dorsal Area ...... 8.7 Sqg. Ft.

Fin Areg ......... 226.4 8q. Ft.
Rudder Ares ...... 101.9 Sq. Ft.
Ventral Fin Area . 25.5 Sq. Ft.

FLAP BODY

leading Edge Ares T4.19 Sq. Ft. Iength voeveveve.. 138 Ft. 10 In.
Trailing Edge Ares 361.65 Sq. Ft. or 128 Ft. 10 Im.
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707-200 SERIES
PRINCIPAL DIMENSIONS

WING ATLERON
Aves socsssossanane 2433 Bg. Ft. Inboard Area ....... 39.0 Sq. Ft.
Bpen sssssssans seee 130 Pt. 10 Im. Outboard Area ...... 80.6 Sq. Ft.
Root Chord ..eceeee 338 In.
Tip Chord cecoescss 112 In. HORIZONTAL TATIL
Teper Ratio ....... .342
Incidence Root .... +2° Stebilizer Area .... 382.7 Sq. Ft.
Incidence Tip ..... +2° Elevetor Ares ...... 117.6 Sq. Ft.
Dihedral .eeeeeeses T° Apan ssssssssssnasas 39 Fbe 8.4 In.
Sweepback C/4 ..... 35°
Agpect Ratio ...... 7.065 VERTICAL TATL
M.AiCu sugsssssnnss, 241,88 In.
M.A.C. LOC.(Sta) .. 786.2 Dorsal Aree ........ 8.7 Sq. Ft.
Pio ATEB o wnwes ees 2264 Sq. Ft.
Rudder ATed ........ 101.9 Sq. Ft.
FLAP Ventral Fin Area ... 25.5 Sq. Ft.
Leading Edge Area .. 26.1 Sq. Ft. =L
Trailing Edge Area . 361.65 Sq. Ft. Length ..... s wae . 138 Ft. 10 In.
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WING

Ares ..ceeececncenes
Span
Basic Root Chord ...
Reference Root Chord
Tip Jord sevvevovans

Taper Ratlio ...... oo
Incidence Root .eeee
Incidence Tip «..os.
Dihedral ..eeeeveans

Sweepback C/hk ...
Aspect Ratio ....
M.A.C.
M.A.C. IOC. (Sta) ..

FLAP

Leading Edge Ares ..
Trailing Edge Area .

D6-1420

INTRODUCTION

T707-300 SERIES
PRINCIPAL DIMENSIONS

2892 Sq. Ft
142 F¢. 5 In
406.7 In
347.1 In
112 In.

.275 (Basic)
.323 (Ref.)
+p°

+D0

70

35°

7.056
272,294 In.
762.97

26.1 Sq. Ft.
436.0 Sq. Ft.

ATLERONS
Inboard Area ........ %0.4 Sq. Ft.
Outboard Area ......- 80.6 Sq. Ft.
HORIZONTAL TATIL
Stabilizer Ares ..... U7k Sq. Ft.
Elevator Area ....... 151 Sq. Ft.
BpaN eccesscessccsesss 45 Ft. 8 In.
VERTICAL TAIL
Dorsal Ares .oeseee. 8.7 Sq. Ft.
Fin ATE€8 +eeeveesns . 226.L gq. Ft.
Rudder Areg ........ 101.9 Sq. Ft.
Ventral Fin Area ... 25.5 Sq. Ft.
BODY
Length cccoevevennes 145 Ft. 6 In.

Page 0.9




INTRODUCTION

TOT=300B SERIES
PRINCIPAL DIMENSIONS

WING AILERON
Arves ........ - 2892 8q. Ft. * Inboard Area ........ 40.4 Sq. Ft.
o PI 145 Ft. 9 In. Outboard Area ....... 80.5 Sq. Ft.

Begic Root Chord ... 406.682 In.

Ref. Root Chord .... 347.13% Tn.  ORLZONTAL TAIL

Tip Chord .......... 112 In. Stabilizer Area ..... L7k Sq. Ft.

Teper Ratio ........ .275 (Basic) Elevator Area ....... 151 Sq. Ft.
.323 (Ref.) ORI 555 5565 b b bbb bR 45 Ft. 8 In.

Incidence at Root .. +2°

Incidence at Tip ... +2° VERTICAL TAIL

Dihedral .cocoseoess T®

Sveepback C/4 ...... 35° Dorsal Area ......... 8.7 Sq. Ft.

Aspect Ratio ....... 7.346 Fin Area ....eeveeesn 226.4 Sq. Ft.

MACo vivevnnnnn .e. 272.294 In. Rudder Area ......... 101.9 8q. Ft.

Leading Edge M.A.C.. Sta. T762.97 Ventral Fin Area .... 25.5 Sq. Ft.

FLAP BODY
Leading Edge Ares .. 157.2L 8q. Ft.
Trailing Edge Area . L91.72 Sq. Ft. Iength sivsovcavvsvas '])4-5 Ft. 6 In.

* (Excluding leading edge, trailing edge, and tip extensions.)
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WING

AT€a ecessssscescesses
SPAN eececosscsccsns
Basic Root Chord ...
Ref+« Root Chord see.
Tip Chord eecesceses
Taper Ratio eececcss

Incidence at Root ..
Incidence at Tip ees
Dihedral sesececscsne
Sweepback C/4 cevees
Aspect Ratio ecesces
MeAeCo se0ssccscsces
Leading Edge M.A.C..

FLAP

Leading Edge Area ..
Trailing Edge Area .

INTRODUCTION

T0T-300ADV B and C SERIES
PRINCIPAL DIMENSIONS

ATLERON

2892 Sq. Ft. * Inboard Area eesceeses 4O.4 Sq. Ft.
145 Ft. 9 In. Outboard Area eeesees 80.5 Sqs Fte
L06.682 In.
3&7.13h In. HORIZONTAL TATL
112 In. Stabilizer Area «.e... 474 Sq. Ft.
l275 (Basic) Elevator Area ssssess 151 Sq' Ft.
.323 (Ref.) SPBN, s sessessswsevsve 55 Bbe 8 Tn.
i VERTICAL TATL
T Dorsal Ares seeseeses 8.7 Sq. Ft.
35° Pin ATe8 sessscssenas 22644 Bge Fhe
T.3L6 Rudder Area eseeeeses 101.9 Sq. Ft.
272.294 In.
Sta. T762.

a. T762.97 BODY
197.88 Sq- Ft. Lengbh EEEEEEEEEEEEE] 1)-1-5 Ft. 6 In.

491.72 Sq. Ft.

* (Excluding leading edge, trailing edge, and tip extensions.)

Dé6-1420
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707-400 SERIES
PRINCIPAL DIMENSIONS

WING
AT€B vrurrnennnnnn. . 2892 Sq. Ft.
SPBN «evnnnns veveees 142 Ft. 5 In.
Basic Root Chord ... 406.7 In.

Reference Root Chord 347.1 In.
Tip Chord ....... ses 112 Ins
Teper Ratio ........ .275 (Basic)

.323 (Ref.)
Incidence Root ..... +2°
Incidence Tip ,s.... *2°
Dihedral ....ees. ive T°
Sveepback C/4 ...,.. 35°
Aspect Ratio ....... 7.056
MiBols snonncansens . 272.294 Im.
M.A.C. IOC. (Sta) .. T62.97

FLAP

Leading Edge Area . 26.1 Sq. Ft.

Trailing Edge Area. U436.0 Sq. Ft.

D6-1420

ATLERON
Inboard Area ....... U4O.4 Sq. Ft
Outboard Area ...... 80.6 Sq. Ft
HORIZONTAL TAIL
Stabilizer Ares .... 474 Sq. Ft.
Elevator Area ...... 151 Sq. Ft.
spa:n 0 0 0 00 00000000 hs F‘t. BInl
VERTICAL TAIL
Dorsal Ares ..ceceee 8.7 Sq. Ft.
Fin Area ..eoceeeees 226.4 Sq. Ft.
Rudder Ares ...es... 101.9 Sqg. Ft.
Ventral Fin Ares ... 25.5 Sq. Ft.
BODY
Length. i.4.6.6.56548544 . 145 Ft. 6 In.
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MODEL 720
PRINCIPAL DIMENSIONS
WING ATLERON
APEE <cossssis seeses 2433 8q. Ft.* Inboerd Ared ....... 39.0 Sq. Ft.
SPaN seseennn sessss 130 Pt 10 Im. Outboard Area ...... 80.6 Sq. Ft.
Root Chord eeeeeeee 338 In.*
, Tip Chord «oeeeeees 112 In. HORIZONTAL TAIL
Taper Ratio s.ueees 342
Incidence Root .... +2° Stebilizer Area .... 382.7 Sq. Ft.
Incidence THDP .evss +2° Elevator Ares ..... . 117.6 Sq. Ft.
Dihedral ..eeeeeees T° SPBN ceeeececeacesss 39 Ft. 8.4 In.
Sweepback C/L4 ..... 35°
Aspect Ratio ...... T.065 * VERTICAL TAIL
MA.Co vevnnnn veees 241.88 In. *
M.A.C. LOC. (Sta).. 786.2 Dorsal Ares ........ 8.7 Sq. Ft.
Fin Area ...... ceee. 2264 sq. Ft.
FLAP . Rudder Ares ....oe.. 101.9 Sq. Ft.

Ventral Fin Area ... 25.5 8q. Ft.
Leading Edge Area . 93.64 Sq. Ft.
Treiling Edge Area  362.2 8q. Ft. BODY

* (Excluding leading edge extension)
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MODEL T20B
PRINCIPAL DIMENSIONS
WING ATLERON
Area ....vovnn vee.. 2433 Sq. Ft. * Inboard Area ...... 39.0 Sq. Ft.
Span ....ee.n eeeess 130 Ft. 10 Im. Outboard Area ..... 80.6 Sq. Ft.
Root Chord ........ 338 In. *
Tip Chord «eecvew.. 112 In. HORIZONTAL TAIL
Taper Ratio ....... .342
Incidence at Root . +2° Stabilizer Area ... 427.7 Sq. Ft.
Incidence at Tip .. +2° Elevator Area ..... 117.6 8q. Ft.
Dihedral ..... P BOEE oo s b ondieh vivs 51603 cuawvns B3 Phe
Svweepback C/4 ..... 35°
Aspect Ratio ...... T.065 ¥ VERTICAL TATL
MBiCi iisas snssves 21.88 In, ¥
Leeding Edge MAC .. Sta. T786.2 Dorsal Area ....... 8.7 Sq. Ft.
Fin Ares .......... 226.4 Sq. Ft.
FLAP Rudder Area ....... 101.9 8q. Ft.

Ventral Fin Area .. 25.5 Sq. Ft.
Leading Edge Area . 93.64 Sq. Ft.
Trailing Edge Area  362.2 Sq. Ft. BODY

* (Excluding leading edge extension) - Tengbh svevsnnss «es 130 Ft. 6 In.
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(Extended) .... 388 8Sq. Ft.

D6-1420

MODEL T27
PRINCIPAL DIMENSIONS
WING ATLERON
KWl soncnsnnss tvess 1560 Sq. Ft. Inboard Area ...... 18.64 Sq. Ft.
BOBN siscaessans s 106 Ft. Outboard Area ..... 36.5 8Sq. Ft.
Root Chord (Basic) . 246 In.
Tip Chord ...... vee. 91.6 In. HORIZONTAL TAIL
Teper Ratio (Basic). 0.372
Incidence at Root .. +2° Anhedral ......... i 2
Incidence at Tp ... +2° Stabilizer Area ... 282.40 Sq. F+t.
Dihedral .ccecvceees 3° Elevator Area ..... 94.14 8q. St.
Sweepback C/k ...... 32° SPAN «ievesneensess 35 Ft. 9 In.
Agpect Ratio ....... 7.2 '
MA.C. ... R ERsEREE 1800 Ins VERTICAL TAIL
Leading Edge MAC ... Sta. 860.2
Fin Area .eveeeeens 283.37 Sq. Ft.
FLAP Rudder Area ....... 7T2.63 Sq. Ft.
Leading Edge Area .. 54,8 Sq. Ft. BODY
Trailing Edge Area
(Retracted) ... 280 Sq. Ft. Length

Short Body(727-100)116 Ft. 2 In.
Long Body (727-200)136 Ft. 2 In.
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WING

Area .

Span . . . . . . .
Root Chord (Basic)
Root Chord (Ref)
Tip Chord .o
Taper Ratio (Ref).
Incidence at Root.
Incidence at Tip .
Dihedral . .
Sweepback c/L.
Aspect Ratio .
M.AC. ¢ % %
Leading Edge MAC

FLAP
Leading Edge Area
Trailing Edge Area

(Retracted)
(Extended)

D6-1420
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MODEL 737
PRINCIPAL DIMENSIONS

.980 Sq. Ft.
. 93 Ft.
.288.1 In.
.227.1 In.
.63.29 In.
.0.279

+1°

+1°

6‘0

25°
. 8.83
. 134,46 In.
. Sta. 625.6

80 Sq. Ft.

.171.5 Sq. Ft.
.250.88 Sq. Ft.

ATLERON
Aileron Area .
HORIZONTAL TAIL

Dihedral . .
Stabilizer Area...
Elevator Area.
Total Area .

Span .

VERTICAL TAIL

Fin Area .
Rudder Area
Total Area .
BODY

Length

Short Body (T737-100).
(737-200).

Long Body

UUDOODDOOOOOUBDDODDD_DOUOOODJJD U

. T°
. 241.54 sq.

70.46 Sq.

. 13.4 8q. Ft.

Ft.
Ft.

312.00 Sq.
36 Ft.

. 167.80 Sq.

56.20 Sq.

Ft.

Ft.
Ft.

. 224.00 Sq.

. 90 Ft.
. 96 Ft.

Ft.

T In.
11 In.
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MODEL TLT
PRINCIPAL DIMENSIONS

WING ATLERON

Area . . . . . . . . . . 5500 8q. Ft. Aileron Area (Inbd). . . T1.8 sq. Ft.

Span .+ « + + « . « « . . 195 Ft. 8 In. (outbd) . . 153.4 8q. Ft.
Basic Root Chord . . . . LL9.68 In. HORIZONTAL TAIL
Reference Root Chord . . 652.03 In.
Tip Chord . . . . . . . 160.00 In. Area . . . . . « « . . . 1470 Sq. Ft.
Taper Ratio .356 (Basic) Sweepback c¢/4 . . . . . 37.5°
.2L5 (Ref) Span . . ., . . 72 Ft. 9 In.
Incidence Root . +2° Root Chord , . 32 Ft. L4 In.
Incidence Tip -1.5° Tip Chord 8 Ft. 1 In.
Dihedral . T2
Sweepback c/k ¢ 6 @ 3T :5° VERTICAL TAIL
Aspect Ratio (Ref) . . . 6.96
MAC (Basic only) .« . 327.78 In. Area . . . . . . . . . . 8308q. Ft.
MAC c/L4 Location (Sta) . 1339.91 In. Sweepback c¢/b . . . . . L5°
Span (Height) . . . . . 32 Ft. 3 In.
FLAP Root Chord . . . . . . . 38 Ft. 5 In.
¢ Tip Chord . . . . . . . 13 Ft. 1 In.

Leading Edge Area

(Retracted) . . . 448 sq. Ft. BODY
Trailing Edge Area
(Retracted) . . . 8LT sq. Ft. Length . . 225 Ft. 21In.
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0-3  NOMENCLATURE

The following list of symbols and their identification is included as a conven-
ient reference. It represents a fairly complete listing of the more standard
aerodynamic terms used in industry.

a = speed of sound, ft/sec.

a = acceleration, ft/sec/sec.

a = slope of the lift curve (Cy, vs « ), per degree

a = standard day temperature lapse rate,.003566 °F/ft.
a.c. = aerodynamic center,distance from leading edge, ft or fraction of c.
A = cross-sectional area, sq.ft.

A, = wvetted area, sq.ft.

AR = aspect ratio = b2/S.

b = wving span, ft.

c = chord of wing, ft.

Cy = chord at the root of tapered wings, ft.

ct = chord at the tip of tapered wings, ft.

Cp = drag coefficient, dimensionless.

Cp; = 1induced drag coefficient, dimensionless.

CDP = ©parasite drag coefficient, dimensionless.

CDpe = equivalent parasite drag coefficient, dimensionless.
CDqr = frontal area coefficient, dimensionless.

Cr = vetted area coefficient, dimensionless.

CL, = 1lift coefficient, dimensionless.

Cp = location of lift and drag forces, c.p./c.

Cp = pressure coefficient, dimensionless.

c.p. = center of pressure, distance from leading edge, ft.
c.g. = center of gravity.

Cv = specific heat at constant volume, Btu/lb/°F.
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specific heat at constant pressure, Btu/lb/°F.

pitching moment coefficient = M/cgS.

moment coefficient about aerodynamic center.

diameter, ft; length or distance, ft.

drag = Cp aS, 1b.

induced drag, 1b.

profile drag, lb.

bulk modulus, 1lb /sq. ft.

induced drag efficiency factor = JJL!fEl1;
aCp/acy

equivalent parasite area, sq. ft.

force, 1b.

acceleration due to gravity = 32.17 ft/sec/sec.

altitude, ft.

1lift = CraS, 1b.

wing C/b to tail C/4, ft. "after tail length"

natural logarithm.

common logarithm.

slope of the lift curve, per radian

mass in slugs, 1lb sec?

per ft.
pitching moment = C, cqgS, ft 1b.
Mach number.

free-stream Mach number.

load factor.

revolutions per second.

ambient pressure, lb/sq. ft.

static pressure, 1b/sq.ft.
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total pressure, lb/sq. ft.

free-stream static pressure, 1b/sq. ft.

dynamic or impact pressure = pV2/2, 1b/sq. ft.

range, nautical air miles.

universal gas constant, ft 1lb/1b °Fabs

rate of climb, ft/min.

rate of descent, ft/min.
Reynolds number, dimensionless.
wing area, sq. ft.

ground run, ft.

proper area, plan or frontal, sq. ft.

sea level

stall condition
airfoil thickness, ft.
temperature, °F

time, sec.

thrust or other force, 1lb.

absolute temperature on Rankine scale = t + L60°F.

takeoff condition

specific volume, cu ft/lb.

indicated airspeed, (uncorrected), kt.

indicated airspeed (corrected), kt.

calibrated airspeed, kt.
equivalent airspeed, kt.
true airspeed, kt.

maneuvering airspeed, kt.

maximum gust intensity airspeed, kt.
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Ve = design cruising alrspeed, kt.

Vp = diving airspeed, kt.

Vg = flap limit airspeed, kt.

VLE = landing gear extended limit airspeed, kt.
V1o = landing gear operating limit airspeed, kt.
YMc = minimum control airspeed, kt.

Vg = never-exceed (placard) airspeed, kt.

Vo = normal operating limit airspeed, kt.

Vg = airplane stall airspeed, kt.

v, = critical engine failure speed, kt.

VR = takeoff rotation speed, kt.

Vi0F = takeoff lift-off speed, kt.

Vo = takeoff climb airspeed, kt.

1% = airplane veight, 1b.

v = specific weight, 1lb/cu ft.

a«(alpha) = angle of attack of wing, degrees.

€ 10 = angle of attack for zero lift, degrees.
y(gamma) = glide angle, radians.

y = ratio of specific heats, Cp/Cy.
A(delta) = increment notation.

§ (delta)= pressure ratio, p/po

0 (theta)= temperature ratio, T/To.
(" = turn angle or climb angle degrees.

o (sigma)= density ratio, p/po-

[] (rho) = mass air density, slugs/cu ft.
Po = mass air density at sea level, slugs/cu ft.
up (mu) = coefficient of braking friction, dimensionless.
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FR = coefficient of rolling friction, dimensionless
[ = dynamic viscosity, slugs/ft sec.

w (Pi) = 3.1416

€ = downwash angle, radians.

The following is a list of standard gas turbine symbols used by engine manufacturers.

Cr = fan nozzle gross thrust factor, dimensionless
Cg = gross thrust coefficient, dimensionless

EPR = engine pressure ratio.

Fg = gross thrust, 1b.

Fg/sam = corrected gross thrust, 1b.

Fp = net thrust, lb.

Fn/8gy = corrected net thrust, lb.

ATy = net thrust change, 1lb.

Fr = ram drag, 1b.

Fr/Sam, = corrected ram drag, 1b.

He = heat value of fuel, approx. 18,400 Btu/lb.

J = energy conversion factor, Joule’s constant, TT78 ft lb/Btu.
R = low pressure rotor speed, Ipme.

N1/V§%2 = corrected low pressure rotor speed, rpm.

No = high pressure rotor speed, rpm.

N2/¢§£3 = corrected high pressure rotor speed, rpm.

Pio = total pressure at compressor inlet, lb/sq ft.
pt7 = turbine discharge total pressure, lb/sq ft.
Pt1/Pam = ram pressure ratio.

Ptg/Pt1 = inlet pressure recovery ratio.

pt7/pam = Jjet nozzle expansion ratio.

pt7/pt2 = engine pressure ratio, EPR.

Tto = engine inlet total temperature.
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turbine discharge total temperature.

thrust specific fuel consumption, 1b/hr/lb thrust.
engine air flow, 1b/sec.

total gas flow, lb/sec.

primary engine airflow on fan engines, lb/sec.
fan airflow, lb/sec.

corrected engine air flow, lb/sec.

engine fuel flow, 1b/hr.

corrected engine fuel flow, lb/hr.

temperature ratio, Tam/To'

ram temperature ratio, th/To.

pressure ratio, Pam/Po'

ram pressure ratio, Ptg/po‘

ratio of specific heats.

efficiency, per cent.

theoretical gross thrust function, dimensionless.

The following is a list of subscripts used throughout this manual.

a

am

avg

cr

D6-1420

air, (W)

ambient, (pgm)
average
compressible, (qu)
critical, (Pcr)
fuel, (Wr)

gross, (Fg)
indicated, (Vi)
Jet, (Vj)

net, (Fn)
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The following list of symbols are used in Section 4 for stability and control

analysis:
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standard sea level values, (po, ty, ete.)
propulsion, (ﬂp)

constant pressure, (cp)

ram, (Fr)

static, (T4, ps)

total, (T4, _p.t)

thermal, (ﬂt)

volume, (c.)

mean aerodynamic chord, in.

hinge moment coefficient, dimensionless,
rolling moment coefficient, dimensionless,
yewing moment coefficient, dimensionless,
control gearing parameter, dimensionless,
hinge moment, in 1b.

incidence angle, degrees or radians.

tail length, wing .25¢ to tall .25C, in.
rolling moment, in 1b.

yaving moment, in 1b.

static neutral point, stick fixed, %c
static neutral point, stick free, %c
maneuver point, stick fixed, %&

maneuver point, stick free, %@

radius of turn, ft.

tall volume coefficient, S;1/SG, dimensionless,

sldeslip angle, plane to relative wind, degrees or radians.
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Y = dihedral angle, degrees or radians,

8 = surface deflectlion angle, degrees or radians,

n =  tall efficlency, q;/q, dimensionless.

0 = piltch angle, degrees or radians,

A =  sweep angle (.25c), degrees or radians,

¢ = bank angle, degrees or radians,

v = yav angle, plane to fixed course, degrees or radians,

Q = horizontal rotation angle in banked flight, degrees or radians,

For calculation purposes, the following values of the constants are used:

g = 32.17 ft/sec/sec.

R =  53.35 ft 1b/1b °Fgpg,

T, = 518.688°Fgps.

ag = 1116.4k4 ft/sec (661.5 knots)
Pa = 2116.2 1b/sq ft.

[ —  .00237T slugs/ft3,

Y = 1.4 (for air)
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SECTION 1
AERODYNAMICS
1-1 GENERAL
It is the purpose of this section to discuss some of the fundamental physical re-
lationships assoclated with the motion of bodies in air. In order to understand

principles of flight and propulsion, it is necessary to review certaln laws gov-
erning the behavior of fluids.

1-2 FLUIDS AT REST

There can be no shear on & liquid if the liquid is at rest. If any shear force
exlists, the liquid will deform. Forces acting on the fluid particles are normal
to the surfaces and must be In equilibrium. Mathematically, the sum of the hori-
zontal and vertical forces must be zero, and may be expressed:

Z FH =0

IF, =0 (1)

Force per unit of area is called "pressure." This statement mey be written:

_F
P=x
or, (2)
F= pA

The unit of pressure is "pound per square foot," since force is measured in
pounds and area in square feet. An important principle was formulated by a
French philosopher and mathematician, Pascal, in a statement that, if the gravi-
tational effect is neglected, the pressures at any point in a fluid must be equal
in magnitude in any direction. Any pressure increase in any part of the fluld,
then, will result in an equal increase in pressure throughout the body of fluid.
The effect of such pressure changes is familiar in its application in hydraulic
systems of all types such as brakes, lifts, and presses.

When a finite difference in height exists, the welght of the fluid must be con-
sidered. In Figure 1, a rectangular tank contalning a fluid has a height, h, and
cross-sectional area, A. The pressure on the lower surface of the tank is pjy,
and on the upper surface is p,. The weight of the fluld in the tank is the pro-
duct of the specific weight 0% the 1liquid, w, the height of the liquid, h, and
the area, A. Specific weight is defined as weight per unit volume.
Equation (1) may be written selecting the upward direction as positive:

IPy = 0 = P1A — peA — whA

p1A — p2A = whA

Py - P = Wh’_—"(3)
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Equation (3) assumes that the fluid is incompressible; therefore w is constant.
If the fluid is compressible, w varies and the difference of pressures, dp, de-
pends on how w varies with a change in height, dh. Equation (3) for a compres-
sible fluid is written:

dp = wdh (L)

P2

iy

B

T

Py

Figure 1.

A fluld may be either a liquid or a gas; the main difference between the two is
in their resistance to compression. Gases are more easlly compressed while
liquids resist compression. Idiquids are, in fact, generally considered incom-
pressible. The fluld to be discussed in this section, primarily, will be air.

1-3 FLUIDS IN MOTION

Probably the most important physical laws governing the motion of solids and
fluids are attributed to Sir Isaac Newton. These laws may be stated briefly as
follows:

(1) Every body continues in a state of rest or of uniform motion in a straight
line unless 1t is acted upon by an external force.

(2) An acceleration, proportional to the applied force, will be produced in the
direction of the force.

(3) Every action results in an equal reaction, opposite in direction.

The first and third laws may be apparent from physical experience; however, the
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AERODYNAMICS

second lav is perhaps less evident. Mathematically, the law may be stated as:

F a a (5)

vhere, F is force, 1b.
a is acceleration, ft/sec/sec

The property of a substance, whether solid or fluid, that is a measure of its
quantity is called "mass." The mass of a body remeins constant unless more mat-
ter 1s added or some is removed. The property of a body by virtue of which it
tends to continue in the state of rest or motion in which it is placed is called
"inertia." Mass, then, in addition to being the amount of matter in a body, is a
measure of its inertia, or resistance to acceleration. The constant of propor-
tionality, mass, enables equation (5) to be written in the form of an equality.

F =Ms (6)

When an object is allowed to fall freely in space (consider a vacuum exists), an
acceleration is produced by the unbalanced force which is its own weight. This
acceleration is commonly referred to as gravitational acceleration, g, since it
is used extensively in analysis work in many fields. Equation (6) may be written
for the freely falling body:

W=Mg
or . wo (7)
-8
The unit of mass is the "slug." One slug is the amount of mass which weighs

32.17405 pounds according to the international agreement as to the standard gra-
vity condition. '"Weight" of a body is the force with which the mass is being
attracted, or pulled, toward the center of the earth. The unit of weight, and
force, is the "pound". Acceleration bears the units of "feet per second per
second," as does g. For the purposes of most calculations herein, the value of
g used is 32.2 ft/sec/sec.

It is sometimes helpful to express mass in dimensions other than slugs. From
equation (7):
1b 1b  sec®

= Pt £t (8)

"Mass density" is the mass per unit of volume and has the dimensions of "slugs
per cubic foot." It bears the Greek letter Rho, p, and may be expressed more
fundamentally using equation (8).

_ slugs _ 1lb sec2 (9)
s L
£t f't

Mathematically, fluid mass density may be related to specific weight:

p =~ (10)
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1-4 STREAMLINES AND STREAMTUBES

A stream of air may be considered as consisting of many particles moving in the
same general direction. The path of any one particle is called a "streamline."
A collection of streamlines forming s closed curve or tube, as in Figure 2, is

referred to as a "stream tube." Since the walls of the stream tube are stream-

lines, there can be no flow through the wall.

Figure 2.

1-5 CONTINUITY EQUATION

If a fluid is moving uniformly through a pipe or stream tube, as in Figure 3, the
mass of fluid that leaves the tube every second must be the same as that entering
the tube. This is continuity of flow. The law of continuity may be stated mathe-

matically:

p AV = constant
} (11)
P18V = PRhoVp
A, Ay
RN — - —
1 2
Figure 3.
The subscripts refer to particular stations of the tube.
Page 1.4
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The mass that is passing a section in one second is pAV slugs, or

where, M is mass, slugs
P is mass density, slugs/ft3
A is cross-sectional area, ft
V is velocity, ft/sec
t is time, sec

In calculus, the formula for finding the differential of a product of three vari-
ables is:

d(xyz) = xy dz+xz dy+yz dx (13)

and the differential of a constant is O:

d (e¢) =0 (k)

Applying these formulae to equation (11):

pA AV + pV dA + AV dp = O (15)

Dividing both sides of equation (15) by pAV results in another form of the conti-
nuity equation:

V' A p

If the fluid is incompressible, that is, p remains constant, equation (11) be-
comes :

AV = constant (17)

Differentiating equation (17) and dividing by AV, a similar expression to equa-
tion (16) may be written for incompressible flow:

dA  av
T+T— (18)

or dA -4V
’ - = (19)

Although the fluid (air) is compressible, this is often ignored in some aerody-
namic considerations for simplicity if the velocity is relatively low. Equation
(19) shows that a positive change in area (dA) results in a negative change in
velocity (dv).

D6-1420 Page 1.5



1-6 INCOMPRESSIBLE BERNOULLI EQUATION

The Bernoulli equation, a mathematical method of showing variation of pressure
and velocity within a streamtube, is of prime importance in fluid study and is
based upon the principle that when fluid flows in the duct, such as shown in
Figure L4, its total energy at all points along the duct is constant. If the
interior is frictionless, the energy is of three forms; that due to height (po-
tential energy), that due to pressure (pressure energy), and that due to move-
ment (kinetic energy). In practically all fluid analysis work, horizontal flow
is considered so that changes in height do not occur.

144442“-‘_

v —»T—» V+av

P -———)i7ij-<—————-p4-dP

2
1

Figure L.

Consider the tapering duct and an element with a cross-sectional area, A, as in
Figure L. If the air is considered incompressible, the continuity equation in
the form of equation (17) will apply. It was shown that with a decreasing area,
the flow velocity must increase so that in the nomenclature of calculus, the vel-
ocity, V, must increase after having travelled a short distance, ds, by the a-
mount dV. Also the pressure, p, may be arbitrarily assumed to have increased by
the amount dp. Assuming that the section or element of air under consideration

is accelerating to the right, the net force acting in that direction causing the
acceleration can be found.

Repeating equation (6) for convenience:
F = Ma

The force to the right from equation (2) is:
F=pA

The counteracting force to the left is:
F = (p+dp)A

The net force to the right is then:

AF = pA - (p+dp)A = -dpA (20)

The mass of air involved is the mass density multiplied by the volume, or:

M =pA ds (21)
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Also, acceleration is a change in velocity per change in time. In calculus, the
expression may be written:

av
a = — 22
= (22)

Substituting equations (20), (21), and (22) into equation (6) results in:

—dp A = pA de av
at

or, dp = —pds 4V (23)
dt

By algebraic manipulation, certain terms may be rearranged:

av ds
a8 F=m I

A change in distance per change in time is simply velocity:

ds _
T dv =V 4av

Thus equation (23) becomes:

dp= —pV av (2k)
Again in calculus, the formulae necessary to integrate this expression are:
fdx = x + constant (25)

2
f{dx = _x_2_ + constant (26)

Applying these rules to equation (2h the equation becomes:
~/;.p-- - Pvfb'dv

The solution to the equation becomes:
P = —-P—E— + constant

or in a more useful form:

P +-—-pV2 = constant (27)

In the derivation of equation (27) it should be noted that the density, p, vas
considered constant. This is the incompressible flow equation.

Now since "p" is the "static" pressure of the fluid, the quantities 1/2 pV2 nd
the constant must have the same dimensions of pressure. The quantity 1/2 P
known as the "dynamic" pressure since it embodies flow velocity. Dynamic and
static pressures are the only pressures assumed to be in the system, so their
sum is called the "total" pressure.
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Thus equation (27) becomes,in its most familiar form:

1
b+ PV =Dy (28)
Referring to Figure 4, the Bernoulli equation may be written in the form:
1 1
pl-{—? pV_‘z: p2+3 PV22 (29)

The term 1/2 ] V2 appears so frequently in fluid analysis that it is given the
symbol "q". Thus,

a=+5 #V¥ (30)

Equation (29) may also be written as:

P, +9 =P, + 9 (31)
A direct application of the Bernoulli equation is ‘the pitot tube, which is used

to measure air speed. A schematic diagram of the instrument is shown in Figure

Ds

static pressure

total pressure
opening _\ f opening

V,— \

IS
-

Figure 5.

The concentric tubes of the pitot are arranged so that the center tube is

aligned in the direction of the approaching air. As the air directly in line
with the hole in the center tube reaches the opening it must of necessity come

to rest momentarily at point 1 before it turns and proceeds around the sides of
the larger tube. As it passes along the outer tube it will finally attain essen-
tially its original velocity, V,, at some point, 2, vwhere a hole is located. The
subscript o here represents the remote or free stream condition.
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The pressures acting at points 1 and 2 can be used to measure the velocity, Voo
by some pressure sensing device. The particular device depicted in Figure 5 is

a menometer, which is merely a U-tube with some fluid in it. One side of the U

1s connected to point 1 and the other to point 2. If the pressure at point 1 is
greater than at point 2 (as is the case) then the fluid will be forced to assume
the position shown. The difference in the heights of the column, h, is a direct
measure of the pressure difference between points 1 and 2. Equation (3) relates
these quantities and is repeated here for convenience:

P1_p2: APZWh

vhere Ap is the pressure difference and w is the fluid density or specific
veight.

Writing Bernoulli's equation for points 1 and 2 with relation to a remote point,
o:

1 2_ 5 2
po+—2— pVO —p1+ > pV1

also,

1 2_ 1 2
ot 7 Py TPt 5 PV2

From the previous explanations:

v,=0
and, : .
2= g
Thus :
1 2
P1=Pot— P
and,

Po = Py
The manometer is set up to read the difference between Py and Pps Or Ap. Thus:
| 2
Pi—Pp=A8p=(pgt— PV 7)-p,

or,

1 a
Ap=7 pYV, (32)

Equating expressions (3) and (32) shows that the fluid height differential, h, is
proportional to the dynamic pressure of the free stream 1/2 pVbe. Specifically,
the fluid weight density relates the two:
1
whzzg pVbz

The pressure differential need not have been measured by a manometer. This de-
vice is confined solely to laboratory and wind tunnel work. The application in
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airplanes would call for some form of mechanical pressure measuring device using
a diaphragm, bellows, or bourdon tube arrangement.

The Bernoulli equation is fundamental to all aerodynamics problems, particularly
those involving a discussion of pressure distributions on bodies immersed in a
fluid. Additional applications of this important principle will be made in later
sections as will the development of the compressible flow equation.

1-T7 EQUATION OF STATE

The mass density of solids and liquids is essentially constant, but the mass
density of gas depends upon the pressure and temperature. According to Physics,
the relation between the pressure, density and temperature is:

p= peRT (33)

vhere, p is pressure, lb/ft2
p is density, slugs/ft
g is in ft/sec®
R is in ft/°F absolute
T is temperature, °F absolute

The absolute temperature, T, is the temperature in degrees Fahrenheit measured

from absolute zero, -459.7. The expression for finding the absolute temperature
is:

= t+L459.7 (34)

The temperature, t, is the measured temperature in degrees Fahrenheit. R, in
equation (33), is known as the gas constant and is different for different gases.
For air, the value of the constant is 53.35 ft/°Fabs. (The universal gas con-
stant for all gases is 1545.43 ft lb/°Fabs 1b mole. The molecular weight of air
is 28.966 1b/1b mole, and the quotient of the two is 1545.43/28.966 =53.35
ft/°Fabs). Equation (33) is sometimes written:

pv = RT (35)

where v is specific volume which is the reciprocal of specific weight, v = %u

The gas constant for air of 53.35 ft/°R, as given above, is only valid under sea
level conditions where g equals 32.17 ft/secc. The equation of state, for a
thermally perfect gas is:

p =PR'T (36)

where R', the thermal gas constant equal to 1716 ftg/sec2°R, is valid at any
altitude.

This relationship, (equation of state), would define the state of a gas in terms
of three variables, p, v, and T. A "process'" describes the relation between any
two of the variables. Three such processes are readily apparent as a result of

holding each variable constant. These are:
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(1) constant pressure (isobaric)
(2) constant temperature (isothermal)
(3) constant volume (isochoric)

In each of the above processes, addition or release of heat is required. It is
concelivable that in a fourth process, no heat energy is added or lost. Such a
process 1s called "adlabatic."

Heat 18 a form of energy and can be transformed. A BTU (British thermal unit) is
a measure of heat and is defined as the amount of heat energy required to raise

a one pound maess of water through one degree Fahrenhelt at standard conditions.
One BTU is equivalent to 778 ft 1b of mechanical work, usually assigned the let-
ter J. It does not require as much additional heat energy to ralse a pound of
gas one degree Fghrenheit ag it does water. The ratio of the number of BTU's re=
quired to ralse one pound of ges through one degree Fahreheit to that of water

is called "specific heat." When the operation 1ls carried out at constant pres-
sure, allowing volume to vary, i1t becomes the specific heat at constant pressure
and has the symbol, Cp. For air C, = 0.240 BTU/1b/°F. If carried out at constant
volume, alloving pressure to vary, 1t becomes the specific heat at constant vol-
ume, having the symbol C,. The value for air is Cy = 0.172 BIU/1b/°F. The ratio
of specific heats cccurs frequently in fluid analyses and 1s assigned the Greek
letter Gamma, Y -

For air: Y = _Sg_ = LEES = 1 ol (37)
Cy T2

Of primery interest to the aerodynamicist are the isothermael and adiabatic pro-
cesses. When the temperature 1s held constant in equation (35), the ilsothermal
process 1s represented and the equation becomes:

PV = constant (38)

This is generally known ag Boyle's Law. For the adiabatlc processes encountered
in aerodynamics, the relationship becomes:

va = constant
P (39)
or, PY = constant

Various forms of equations (38) and (39) will be of interest in subsequent chap =
ters.

1-8 FLUID VISCOSITY

In addition to the pressure, temperature, and density characteristics of a fluid,
its compressibility and viscosity properties (that which offers resistance to mo-
tion) must be considered.

The viscous property of a fluid asserts itself when a fluid is in motion relative
to some fixed surface. When a layer of fluid touches a surface, its velocity is
reduced to zero by friction. Viscosity is the result of shear forces acting on
the fluid, or the tendency of one layer of fluid to drag along the layer next to
it. Next to a surface, there will be a finite thickness of fluid which will be
retarded relative to the velocity farther away, or to the free stream velocity.
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This retarded layer is known as a "boundary layer" and is shown diagrammatically

in Figure 6.

| freestream
velocity

+

boundary
layer

ST S S S
Figure 6

The length of the arrows represents the magnitude of velocity at that distance
from the surface. A measure of the viscosity of a fluid is represented in co-
efficient form by the Greek letter Mu, p, and bears the dimensions of "slugs per

foot second." The dynamic viscosity coefficient is assumed to vary with abso-
lute temperature according to Sutherland's equation:
T T+8 b
where,
B = dynamic viscosity coefficient, lb-sec

e

B = Mo(To+S) = 0.3125059 (1077),  1lb-sec
7,3/2 £2\/°K

T = absolute temperature, °K

S = Sutherland's constant, 120°K

The standard viscosity at sea level,'uo, equals 3.745299 (10—7} lb—sec/ft2 at
To equal to 288.16°K.

Fluids in liquid form are subject to viscous effects but may be considered incom-
pressible.

1-9 SPEED OF SOUND

Gases, however, in addition to their viscous properties are highly compressible.
When a disturbance producing a change in pressure occurs at a point in a fluid,
this disturbance is propagated through the fluid in the form of a wave of the

same type as a sound wave. Sound is the result of pressure waves, or compressions
and rarefactions of the fluid of such frequencies as to be audible.

Vo ? =V + 4V
P—= ), ——p +dp
P % ‘R\\ P +4dp

\ advancing wave

Figure T.

Page 1.12
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Let us assume that there is a pressure wave moving to the right in the chasnnel in
Figure T at velocity V, pressure p and density p. The flow has acquired inere-
ments in velocity, pressure, and density downstream of the vave of dV, dp, and
dp, respectively. The force due to fluid flow is:

e e AV
F=Ma =M (41)

Substituting equation (21) into equation (41) results in:

av
F = PA ds —

at
F=pa B8 gy
at

The force due to pressure change is:

F=pA—(p +dp)A

F=—3pA (43)

Equating forces, equations (42) and (43), and simplifying:
—dpA = pA VAV

dp =
= =0 (44

From the continuity equation (11):

PAV = (p + dp)A(V + av)

PV = PV+pdV + Vdp + dpdV

’ dp av  _
Ty TO (45)

Since the second order differential is very small, it can be neglected.

or

From equations (Lk4) and (L45):
av=_®2__4dp V

vhereby, 5§
=22
Vv = (46)
Equation (46) shows that the speed of the pressure vave is related to the com-
pressibility properties of the gas; that is, the rate of change of density with
respect to that of pressure. Therefore, the greater the compressibility of a
gas, the lovwer the speed of wave propagation. Since a sound wave is an example
of a pressure vave in air, the quantity, a, is referred to as the local speed of
sound and has the units of ft/sec.

- [/4p
a = &o (47)
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The reciprocal of equation (46) is sometimes called the "compressibility factor."

It can be shown that the change of state across the pressure vave is adisbatic;
therefore, the quantity dp/d p may be determined from equation (39):

= const P
&ic, dp — comst yp' !
de
therefore,
dp _ (_d Yy—1 _ Y¥Yp
Z=(ve = (48)

Substituting equation (48) intoc equation (47):

.- \/—Y—F (49)

Using equation (33), another form of the speed of sound equation may be written:

a=_/ YERT (50)

Since Y, g, and R remain constant, it can be seen that the speed of sound varies
directly with the square root of the absolute static temperature.

1-10 COMPRESSIBLE BERNOULLI EQUATION

Air moving at relatively low speeds, below 250 knots, may be treated as an in-
compressible fluid. At higher speeds, it is necessary to consider the variation
of density as the airflow is compressed. At these speeds, another form of the
Bernoulll equation must be used.

The compressible Bernoulli equation may be developed from equation (24), repeated
here for convenience:

dp = — pVav

Within the stream tube or duct, changes in density occur too rapidly for any ep=-
preciable heat flow to occur. Hence, the process is assumed ideslly adiabatic.
Equation (24) involves the variable p , which can be expressed in terms of pres-
sure from equation (39):
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and,
;

”(%)Y (51)

Substituting for p in equation (24), rearranging, and integrating:

1
P
dp = - |—|" Vav

Yy dp _ _
C =5 = vav
pY
AN
cY|[p Ydap+ |vav= |0
114
crpY +_Y_2 = constant
-1 1 2
Simplifying:
1 y-1
¢t Y opv +f = constant
y-1 2

Y _
Y p(C) +?V2 = constant

1
C Y
Substituting for <—p_> Y , the Bernoulli equation for compressible fluids in hori-

zontal flow becomes:
Y 1 2 V° = constant (52)
y-1 e 2

As before, the flow equation may be written for any two points in the fluid:

2 B
Yy P Vi ¥y p N Vo
Y1 P "5 T 1P T 5 (53)

1-11  FLOW RELIATIONS NEAR THE SPEED OF SOUND

A very useful and important relationship called "Mach number," after Ernst Mach,
involves the velocity of sound. Mach number, M, is the ratio of the fluid velo-
city to the velocity of sound at the same point.
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M= (54)

Since V and a are velocities measured in feet per second, Mach number is dimen-

slonless.

The behavior of fluid flow near the speed of sound is of primary importance. The

relationship between temperature, pressure, mass density, and velocity may be
predicted by the application of some of the fluid laws developed in the previous

chapters.

There are five general classifications used to describe high speed flight.

These are:

(1) subsonic M < 1)

(2) sonic (M = 1)

(3) supersonic (M> 1)

(4) hypersonic (M =5 to 10)
(5) hypervelocity (M = 10 and up)

The term "transonic" is used often to describe the flow conditions through the
sonic region. Mathematical treatment of the transonic region is rather difficult
because of the mixed flow conditions; however, fairly accurate predictions of the
aerodynamic characteristics of both subsonic and supersonic flow can be made.

Consider the flow of fluid in a frictionless channel, as in Figure 8, which has a

Pt
_v—.’
Tt A
Figure 8.

varying cross-sectional area A, connected to a reservoir. The relationship be-
tween the velocity and pressure was developed earlier, equation (24).

dp=- pVav

The continuity equation, equation (W6), provides a relationship involving the
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density.
dA d
+_+—P-? =0

Also from equation (L7),

a = dp
dp
or
82 = dp
dp (55)

Equetion (24) mey be written substituting the value of dp from equation (55).

aldp = - pVav
d._L = = Vav

6
> 2 (56)

Substitute for dp in equation (16),

P
A, dv _ vdv _
A v a2 Y

By multiplying the third term by V/V, and expressing in terms of Mach number:

d__V_ (1-M2)= -%
v A (57)

Inspection of equation (57) shows what happens to speed as the cross-sectional
area is changed in a channel. At a fixed Mach number less than one,an increase
in area produces & decrease in speed. When the Mach number is greater than
unity, the equation states than an increase in area will cause further increase
in speed. At these speeds, the density decreases so rapidly for a given speed
increase that the channel must expand to continue this speed increase. This is
supported by equation (56) rearranged.

- dp _ - May

P v

At the point in the channel, Figure 9b, where there is no change in area, that 1is,
dA/A =0, equation (57) indicates that two possibilities exist: daV/V =0, or
M = 1. The point where the cross-sectional area is a minimum is called the
"throat," end is the point where dA/A = 0. At this point the speed is such that

the Mach number reaches unity. Downstream of the throat the speed may continue
to increase, and Mach numbers greater than unity may exist.
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Equation (57)-shows the relationship between velocity and area as influenced by

Mach number; a similar relatlonship may be developed showing how pressure varies
with area. Equation (24) may be written:

av _ - @&
v pir (58)

v

and equation (49) as: .
p = 8.2 (59)

Substituting equation (59) into equation (58) and the result into equation (57),
the following equation is obtained:

dp Y da (60)
P A

=

Equation (60) shows that, for a given Mach number, an increasse in area requires a
pressure rise for M less than one, and a pressure drop for M greater than cne.
From Figure 9a, it can be seen that if the flow through the tube is completely
subsonic, the decrease in ares before the throat results in an increase in
velocity and a decrease in pressure; whereas, the increase in area downstream of
the throst results in a decresse in velocity and an increase in pressure. Now
vith an increase in velocity ahead of the throat, there will be a corresponding
increase in wvelocity at the throat. When the veloclty at the throat just reaches
the speed of sound, the flow has become "critical" (eritical is defined only for
M = 1 flow conditions). The pressure at the throat under this condition is known
as the "eritical pressure." As the pressure downstream of the throat is reduced
below the "ecritical pressure" value, the flow upstream of the throat will be the
same in all respects; i.e., no further increase in initial or throat wvelocity is
possible, unless the stagnation state of the gas is changed. Downstream of the
throat, however, the flow will be found to be supersonic. As a metter of fact,
the lower the exit pressure the higher the value of supersonic flow and the
further downstream the supersonic flow will ge.

Figure 9b shows that the flow just downstream of the throat is supersonic, vhereas
further downstream the flow is subsonic. The physical process by which the change
takes place (in the absence of special diffusing devices) is known as a "shock
vave." The term "shock" is used because it 1s found that the transition from
supersonic to subsonic flow occurs suddenly. Now, with a sudden change in velo-
city, the static pressure downstream in the subsonic region must be increased
correspondingly (Bernoulli equation). This sudden incresse in pressure will cause
a. compression in the air with a consequent increase in density and temperature.

It will be found that in decreasing the downstream pressure to where the throat
Mach number just reaches unity, the shock wave separating the supersonic and sub-
sonic regimes will be very vweak (small pressure change) and will occur at the
throat. As the supersonic flow reglon becomes greater with lovwer exit pressures,
the pressure rise after the shock will be greater. The curves for variation of
pressure in the channel will be similar to the velocity curves and appear as in
Figures 9c and 9d. Note that the pressure rise through the shock wave results in
a pressure that does not equal the pressure for subsonic flow. There is a loss of
pressure energy through the shock wave vhich results in an increase in free-stream
temperature. However, the stagnation temperature remains constant.

There is & relationship between temperature and velocity that can be derived by
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the following approach. The compressible Bernoulli equation, equation (52), may
be written for the flow condition of Figure 8. The temperature, pressure and
density conditions in the reservoir are all stagnation values, which are, in
effect, the total temperature, pressure, and density existing; hence, the sub-

script, t.
P ¥ p 1V, ¥ p
2 y—1pt 2 y-1p
Since in the reservoir, stagnation exists, V,=0,
Y pt_1V2+ Yy »
Y-1pt 2 y-1°P
From equation (49), 5
a”=¥p
p
and, 5
8y = YPt
Pt
Substituting,
1e? 1V 1 ef
y-1 2 y-

Dividing both sides of the equation by al:

1 e 1V
5 -, Bt
y-1a 2 g y-1
From equation (50), P
a” = yeRT
or, 2
ay” = YeRT,
Then,
atg_Tt
a2 Y

Substituting M2= e
2
a

Rearranging,

(61)
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The temperature, T, is static temperature, and is sometimes written Ts to dis-
tinguish it from total temperature.

If the flow in the channel is considered ideally adiabatic, then the applicable
pressure and density relationships may be developed. That is, applying equations
(33) and (39) to equation (61), the following expressions may be derived:

1

i_—(wy—;]—sz Y- 1 o
_ Y= 1 27 Y

P h+ X M) Y-

7| i (63)

These relationships are very important and should be well understood.

The ratios of pressure, temperature, and density at the throat to those in the
reservolr are of particular interest. These ratios are called "critical ratios"
and are obtained from equations (61), (62), and (63); however shown here as the
reciprocal of the above equations with M=1 and y::1.h for air substituted.

T 2
e = = 0.8 6l
Ty 33 (6k)
)
P 2 y-1
—=(— =0.528
T (y+1> 0.5 (65)
1
P_[ 2 \y-1 - 0.63k4 (66)
P \Y 1

1-12 THE ATMOSPHERE

The ultimate performance of both the aircraft and the engine depends upon the
generation of forces due to interactions between the aircraft or engine and the
alr mass through which it flies. So it is of importance to study the properties
of the earth's atmosphere.

The atmosphere is a gaseous mixture composed of nitrogen, oxygen, and a small
amount of other gases. Water vapor is always present, but in varying amounts,
usually little more than one per cent on the surface of the earth.

The energy of the sun is responsible for heating the atmosphere, but little of
this energy is transferred directly to the air. Most of it goes to heat the sur-
face of the earth which in turn heats the air. The warm air near the surface
rises and due to a decrease in pressure as altitude is increased, the air expands
and is cooled.

Finally, an equilibrium is reached where there is no more reduction in tempera-
ture. This altitude is called the "tropopause" and it varies with latitude. The
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region below, from the earth's surface to the tropopause, is called the "tropo-
sphere." That above the tropopause is called the "stratosphere."” 1In the strato-
sphere, the temperature is essentially constant.

Seasonal changes, moving air masses and the like, have a pronounced effect on the
temperature, pressure, and density of the air. In order to provide a basis for
estimating and comparing airplane and engine performance, it is desirable to have
a "standard." The standard as adopted in the United States by airplane manufac-
turers is that established by the International Civil Aviation Organization (ICAO).
It is a condition established by averaging data studied over long periods of time.
Since the studies were conducted in the mid latitudes of the northern hemisphere,
the standard is most clearly representative of conditions in these regions. How=-
ever, even though the expected deviations from this "standard" may be much larger
in polar or equatorial regions, the same standard may be used as a reference.

The International Standard Atmosphere establishes a sea level pressure, py, Of
29.92 inches of mercury, or 2116 1b/ft° at a temperature, to, of 59°F. The mass
density, po, Of dry air under these conditions is 0.0023TT slugs/ft3. The sub-
script, o, identifies these as standard, sea level values and will be used here-
after.

As indicated previously, the equation of state has several forms, and can be
written in many ways. For example, equation (33), may be stated for the standard
sea, level condition:

Py = P, 8RT -(67)
Dividing equation (33) by equation (67) the constants g and R cancel:

P p T

ey (68)

The ratios appearing in equation (68) are used quite frequently and for this rea-
son each has a special symbol:

(Delta) 5_ 2> (pressure of air)
" p, (pressure of alr at s.l. st'd day) (69)
(Sigms.) o P (density of air)
- P (density of air at s.l. st'd day) (70)
(Theta) 5= T, (temperature of air) (71)
T T, (temperature of air at s.l. st'd day)
These symbols may be substituted in equation (68) to provide another useful
equation:
6=00 (72)

Variation of Temperature with Altitude

The International Standard Atmosphere assumes that there is a constant drop in
temperature of 0.003566°F/ft from sea level to an altitude of 36,089 feet. The
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standard temperature at any altitude below 36,089 feet may be found from the
following:

T =T, - ah (73)

Where "a'" is the lapse rate, 0.003566°F/ft, and should not be confused here with
any other use of the letter. The letter "h" represents altitude in feet. After
substitution, equation (73) becomes:

T=518.7 - 0.003566 h

or, (7h)
t=59 - 0.003566 h

Above 36,089 feet, a constant temperature of -69.7°F is assumed.

T=constant =390.0 °Fa.bs

(75)
t =constant = -69.7°F

Figure 10 shows the standard temperature variation with altitude.

Variation of Pressure with Altitude

Unlike the temperature, the pressure continues to decrease above 36,089 feet as
altitude is increased. The pressure variation with altitude below 36,089 feet

1s not the same as above the tropopause due to the influence of temperature. The
relationship between the pressure and temperature is, of course, governed by the
gas laws.

Below 36,089 feet, the pressure-temperature-density relationships may be devel-
oped in the following manner.

sign
pt+dp convention
| +
I
ZI1~~
36:089__ / | A\
feet | F“‘~l- ‘\T\“
dh
| /1“ ~
I 7 |
ALTTTUDE | | N~
| :ywdh
| ﬁ h
ot | |
- 69.7°F O°F +59°F /L 5
TEMPERATURE </
Figure 10 Figure 11
Page 1.23
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Consider the analysis of the pressure existing on an infinitesimal section of a
column of air at altitude, h, as in Figure 11.

As in the section dealing with hydrostatics, the sum of the forces in a vertical
direction is made:

From equation (1),

From

From

From

From

or,

equation

equation

equation

equation

(1),

(10),

£33),

(73)

Fy =0

pA -(p+dp)A - wAdh=0

-dp = wdh
W =pg
dp = - pgdh (76)
p=pgRT
-1 g (77)
P RT
T= To - ah
dT = -a dh
dh = -4T
a

Substituting in equation (77) for dh:

or,

D6-1420

LB

T
] aT
P &R T
T
» o, T
In é] =—% 1n i]
aR
Po T

- (78)
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To find the density relationship, equation (68) may be combined with equation
(78):

Therefore: 1 -1

! (79

or)

Above 36,089 feet

The upper 1limit of the troposphere is the lower limit of the stratosphere; conse-
quently, this will be reflected in the pressure-temperature-density relationships
for the stratosphere. In the preceding section, a relation between pressure and
altitude was derived:

Equation (77)) d_p - - 1_ dh

P RT

With the temperature now a constant, the equation can be integrated:

he h
g _ __1 ah
p  RT
P36 36
The subscript, 36, indicates the 36,089 foot condition.
P h
Inp|] =-_1 h
RT
P36 36
Inp _ -1 (h-36,089)
p36 RT
P RT
— = e
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but, 5.256
T
_ 36
P =P
36 o
TO
5.256 _(n - 36,089) W
. h - 36,009
P o[ 36 e RT
pO rI‘O

 —————(80)

h - 36,089
“\ 20,806
p =(.223%) (2.718)

— J

Po

The letter "e" in the preceding equations, is the base of the natural logarithm.

To find the density relationship for the stratosphere, equation (68) may again be
used.

_[h - 36,089
% 20,806 p Ti
— =(.2234) (2.718) g
PO PO e}
(b - 36,089
P T 20,806
;—-=-E— (.223%) (2.718)
© 36
but,
iy 518.7
0.0
3% 39
Therefore,

h - 36,089
~\ 20,806

7fl-==(.29ﬂa) (2.718) (81)

o]

From the equations developed in this section, a table can be made for all alti-
tudes based on the international standard. Since this involves much tedious cal-
culation, tables have been accurately calculated and published by various govern-
ment agencies. These data are available in most engineering reference handbooks.
A table is reproduced in this section for ready reference. See Figure 12.
Specific information within the I.C.A.O. tables does not vary significantly with
the former NACA data. The noticeable change is the isothermal condition which
was 35,332 feet at -67°F. Airframe and engine manufacturers have adopted the
international standard and are using it for all engineering and performance
analyses.
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INTERNATIONAL STANDARD ATMOSPHERE

h t T _

ft °F °C Te
0 59.0 15.0 1.0000
1,000 55.4 13.0 L9931
2,000 51.9 11.0 9862
3,000 48.3 9.1 9794
4,000 44.7 7.1 9725
5,000 41.2 5.1 .9656
6,000 37.6 3.1 .9587
7,000 34.0 +1.1 9519
8,000 30.5 -0.8 .9450
9,000 26.9 -2.8 .9381
10,000 23.3 -4.8 9312
11,000 19.8 -6.8 .9244
12,000 16.2 -8.8 9175
13,000 12.6  -10.8 .9106
14,000 9.1 -12.7 .9037
15,000 5.5 -14.7 .8969
16,000 +1.9  -16.7 .8900
17,000 -1.6 -18.7 .8831
18,000 =5.2  -20.7 .8762
19,000 -8.8  =22.6 .8694
20,000 -12.3 =24.6 .8625
21,000 -15.9  =-26.6 .8556
22,000 -19.5 -28.6 .8487
23,000 -23.0 -30.6 .8419
24,000 -26.6  -32.5 .8350
25,000 -30.2  -34.5 .8281
26,000 -33.7 -36.5 .8212
27,000 -37.3  -38.5 8144
28,000 -40.9  -40.5 .8075
—— 29,000 =44.4 -42.5 .8006
30,000 -48.0  -44.4 7937
31,000 -51.6 -46.4 7869
32,000 -55.1 -48.4 .7800
33,000 -58.7 -50.4 7731
34,000 -62,2 -52.4 7662
35,000 -65.8 -54.3 .7594
36,000 -69.4  -56.3 7525
36,089 =69.7  =56.5 7519
37,000 -69.7  =56.5 7519
38,000 =69.7 =56.5 7519
39,000 -69.7  -56.5 7519
40,000 -69.7  -56.5 7519
41,000 -69.7 -56.5 7519
42,000 -69.7 =56.5 7519
43,000 -69.7  -56.5 7519
44,000 -69.7  -56.5 7519
45,000 -69.7 =56.5 7519

514,67

To =59.0 + 459.7 = 518.7 °R
=15.0 +273.2 =288.2 °K

Po=2116,2 LB/FT2

D6-1420

T a
8 \/T—o-:

1.0000

.9965
.9931
.9896
.9862
.9826

9791
9757
9721
.9686
.9650

L9615
.9579
.9543
.9506
.9470

.9434
.9397
.9361
.9324
.9287

.9250
9212
9176
9138
.9100

.9062
.9024
.8986
.8948-
.8909

.8871
.8832
.8793
.8753
.8714

.8674
8671
8671
.8671
.8671
8671

8671
.8671
8671
.8671
8671

p x 106
P . P _ g lb-sec2 P_ . h
in Hg 12 Po ft4 Po ft
29.92 2116.2  1.0000 2377 1.0000 0
28.86 2041 9644 2308 9711 1,000
27.82 1968 9298 2241 .9428 2,000
26.82 1897 8962 2175 .9151 3,000
25.84 1828 8637 2111 .8881 4,000
24.90 1761 .8320 2048 .8617 5,000
23.98 1696 .8014 1987 .8359 6,000
23.09 1633 7716 1927 .8106 7,000
22,22 1572 7428 1868 .7860 8,000
21.39 1513 7148 1811 .7620 9,000
20,58 1455 .6877 1755 .7385 10,000
19.79 1400 6614 1701 7156 11,000
19.03 1346 6360 1648 6932 12,000
18.29 1294 6113 1596 6713 13,000
17.58 1243 5875 1545 .6500 14,000
16.89 1194 .5643 1496 6292 15,000
16.22 1147 5420 1447 .6090 16,000
15.57 1101 .5203 1401 .5892 17,000
14.94 1057 4994 1355 5699 18,000
14.34 1014 4791 1310 5511 19,000
13.75 972.5 .4595 — 1266 .5328 20,000
13.18 932.4 4406 1224 5150 21,000
12.64 893.7 4223 1183 4976 22,000
12.11 856.3 4046 1143 .4806 23,000
11.60 820.2 .3876 1003 4642 24,000
11.10 785.3 3711 1065 .4481 25,000
10.63 751.6 .3552 1028 .4325 26,000
10.17 719.1 .3398 991.9 4173 27,000
9.725 687.8 .3250 956.7 .4025 28,000
9.297 657.6 .3107 922.5 .3881 29,000
8.885 628.4 .2970 889.3 .3741 30,000
8.488 600.3 .2837 857.0 .3605 31,000
8.106 573.3 .2709 825.5 .3473 32,000
7.737 547.2 .2586 795.0 .3345 33,000
7.382 522.1 2467 765.3 3220 34,000
7.041 498.0 .2353 736.5 .3099 35,000
6.712 474.7 .2243 708.6 .2981 36,000
6.683 472.7 .2234 706.1 2971 36,089
6.397 452.4 .2138 675.9 .2844 37,000
6.097 431.2 .2038 644.2 2710 38,000
5.811 411.0 1942 613.9 .2583 39,000
5.538 391.7 .1851 585.1 .2462 40,000
5.278 373.3 1764 557.6 .2346 41,000
5,030 355.8 1681 531.5 .2236 42,000
4,794 339.1 1602 506.6 2131 43,000
4.569 323,2 1527 482.8 .2031 44,000
4.355 308.0 .1455 460.1 .1936 45,000
Po =.002377 LB SEC2/FT4 R =53.35 FT LB/LB°R
ao =1116.4 FT/SEC ¥ =cCp/Cy =1.40
=y /e E = /
Figure 12.
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Non=-Standard-Day Conditions

The major reason for establishing a standard or reference atmosphere is to permit
performance and operation to be stated in such forms that they may be compared.
A1l predictions and results are published on the basis of assumed standard day
conditions; and actual data gathered under non-standard conditions are then trans-
formed into equivalent standard day values by the use of the parameters, e, &,
and ¢ . Tt is important to remember that the standard atmosphere is an arbi-
trary condition set up by definition.

At any geometric or "tapeline" altitude,the measured pressure may be other than
the expected standard value. Thus, the altimeter, which measures pressure, will
indicate an altitude corresponding to the measured pressure. This 'pressure
altitude" is the standard-day condition, the most natural and simple equivalence
to use. (The altimeter used must be unbiased; it must be set for 29.92 inches
or 1013 millibars of mercury reference.) The pressure ratio, 8§ , may be read
from the standard table, Figure 12, by entering with the pressure altitude. But,
temperature and density relations must be resolved on the basis of further meas-
urements and calculations.

Since density may not be measured directly, it is common practice to measure static
temperature and calculate @. Then, with @ and § , 0 and density may be obtained
from equation (72). For example, if the altimeter reads 4,000 feet and the OAT

is 90°F, & = .8637, 6 = 1.0600, and o = .8150.

1-13  PRESSURE DISTRIBUTIONS

The Bernoulli principle is fundamental to all aerodynamic problems, particularly
those involving a discussion of pressure distributions on bodies immersed in a
fluid. Explanations involving the fluid phenomena are frequently simplified by
considering two dimensional flow, or flow of fluid in parallel planes over the

body.

Let a blunt nosed object, a cylinder, be placed in a frictionless and incom-
pressible moving fluid. The flow pattern or streamlines will have an sppearance
similar to Figure 13.

YYYYYYYY

Figure 13.
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In the flow around the body, some of the streamlines will be diverted to one side,
some to the other. There will be one point at which the streamline will be nor-
mal to the body. This is called the "stagnation" point, point 1 on the figure.

The spacing of the streamlines about the cylinder indicates the magnitude of the
velocity. That is, the closer together the streamlines are spaced, the higher
the velocity. From the law of continuity, it has already been shown that the
velocity 1s inversely proportional to the area. The streamlines are compressing
the streamtubes, thereby decreasing the area and increasing the velocity.

The Bernoulli equation shows that along with changes in velocity, simultaneous
changes in static pressure occur. Thus, whenever the velocity is different from
the undisturbed, or free stream velocity, the static pressure will differ from
that existing in the free stream. Examining Figure 13, alr particles along the
streamline striking point 1 will be brought to rest. The reduction of the vel-
ocity to zero at this point means that the static pressure will increase in value
equal to the dynamic pressure, g.

Thus, Pot 9y =P +
but since, q'] = O because V1 = 0,
+ =
Po T % = Fy
ox's
P " Py Y \82)

This equation says that the difference between the static pressure of the free
stream and that at point 1 is the dynemic pressure of the free stream. If both
sides of equation (82) are divided by the quantity 4y, & more standard form re-
sults:

P-] 'Po
aQ

= 1 (83)

This manipulation non-dimensionalizes the equation since the units of the numer-
ator and denominator are the same, and cancel.

The pressure difference Py - pp, or Ap, when divided by the free stream q, is
known as a "pressure coefficient" and 1s denoted by the symbol Cp. Thus, in
general :

&, = A (8h)
q

Equation (83) states that the pressure coefficient at the stagnetion point is
equal to unity. Similar evaluations of may be made at various points on the
cylinder. For example, from theoretical flow considerations it has been found
that the velocity at any point on acylinder is subject to the relationship:

V= 2Vb sin @ (85)
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The angle, 6, is the angle shown on Figure 13.

At point 2, the velocity V2, is equal to twice the free stream velocity, Vp,
since the sin of 90° is unity. That is:

Vo = 2V (86)
The relationship can be written for point 2 as follows:

- a1 2
Pot+ 9o =P + 5 PVé
Substituting equation (86) into the above expression,

Pot %= P

1 >
+— p(2V,)
" 0

WL v

Pot =Pt *H 5 PV

Then,
P2 = po = "3qO

(o} ¥

C, = __PEq; Po —-3 (87)

The negeative value of C, can exist only if pp is less than py. This must be the
case, since V, is greater than Vo which satisfies the Bernoulli equation.

A graphical representation of the static pressures existing on the surface of the
cylinder is shown on Figure 1k.

The arrows pointing toward the body are positive (greater than free stream) pres-
sures; while arrows pointing awsy from the body indicate negative (1ess than free
stream) pressures. The length of arrow is proportional to the value of CP exist-
ing, and its magnitude may be found by scaling.

It should be noted that when an ideal fluid is considered, the static pressures
are distributed symmetrically over the cylinder. Because the pressures acting
over the area will neutralize, there can be no resulting force in any direction.
Physically this is known to be untrue since there is a force in the downstream
direction (called "drag"), due to the viscous characteristic of the fluid. The
effect of the viscous force is to change the pressure distribution so that there
is a drag force on the cylinder. A diagram of the static pressure distribution
over a cylinder in a real fluid is shown on Figure 15.
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4
IDEAL FLUID
Vo " 1 ;
— T e a—
e +1 0 -1 -2 -3
Cp scale
/
Figure 1k4.
REAL FLUID
£
———5———" b 1 } —
o +1 0 =1 -2 -3
Cp scale
Figure 15.

The concept of pressure distribution over a geometrically simple object may be
applied to a more practical aerodynamic shape. Figure 16 shows an airfoil sec-
tion in an ideal fluid.
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= e, WSS
m
v

Figure 16.

Po

YYVYYYY

The static pressure distribution may be shown graphically on this shape also. A
symmetrical air foil section is shown, that is, the curvature is the same on top
as it is on the bottom of the airfoil. See Figure 17.

Again, as with the cylinder, the net force acting on the body is zero, although
it is not obvious from the figure.

In a real fluld the pressure distribution will be essentially as shown in Figure
17 except that at the trailing edge the pressure fails to rise to the stagnation
value. See Figure 18. This difference will produce a drag in the direction of
the flow. Drag is a force resisting forward motion. In practice it is tolerated
only because it cannot be eliminated. The primary purpose of the airfoil shape
is to generate a lifting force. The relationship of the 1ift and drag forces and
their effect will be discussed in another chapter.

IDEAL FLUID
n
Y5
ST —
Po +1 0 -1
Cp scale
y
Figure 17.
REAL FLUID
Vb .
E— = } i
Po + 1 0 -1
Cp scale
Figure 18.
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1-14 FORCE EQUATIONS

The generalized equation for the force acting on any body immersed in a moving
fluid is dependent on several variables. The basic force equation may be derived
by a mathematical procedure known as "dimensional analysis."

Dimensional reasoning is based on the assumption that the most fundamental form
in which variables may be related to form an equation is the exponential form.
Also of major importance in this technique is the realization that the dimensions
on both sides of the equation must be equal. For example, if the dimensions on
one side of an equation reduce to the units of lb/ftz, then the dimensions on the
other side must also reduce to the same units. For most problems these dimen-
sions may be expressed in terms of mass, length, and time symbolized by M, L, and
T, respectively.

The first step in attempting to find the form of an equation is to consider all
the variables that could affect the quantity being solved for. In this case, the
force due to the fluid motion past & body is to be determined. The varisbles
that are considered are:

(1) Veloecity of fluid, V,in ft/sec.

(2) Fluid mass density, p, in slugs/ft3

(3) Characteristic size, 1, in ft

(4) Fluid coefficient of viscosity, p, in slugs/ft.sec.
(5) Compressibility, Speed of sound, a, in ft/sec.

The latter two items manifest themselves since a real fluid is being considered.

A general relationship may be assumed for the fluid force, F:

F = Cp" 1P v”,.s a : (88)

Where C is a constant which depends on body shape and is dimensionless, and « ,
B, y, 6, € are as yet undetermined exponents.

The next step is to express all the variables in terms of the quantities M, L,
and T. Writing Newton's second law of motion in terms of the fundsmental units:
ML

Equation (88) may now be written in terms of fundementsl units:

2 -+(5) ) (S[E) —on

Povers of like variables are now equated:

M: 1= a + §

L: 1=-3a+B+y—58+ ¢ (91)

T: 2=y + & + €
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Since fluid forces are usually expressed in terms of p, V, and 1, the exponents
of these variables will be solved for absolutely. Therefore, equations (91) will
be solved in terms of «, y, and B.

« =1 — &
y =2—8 — € (92)
B =2-5%

Substituting the results of equations (92) into equation (88):
p o= gp 18 2By b B e

or, 8 o\
F=Cp 12v2<%‘vi> <l) ) (93)

a

This expression shows that the fluid force is not only dependent on P, V2, and

1= as surmised, but is also dependent on two non-dimensional parameters raised
to unknown exponents. The first combination of terms is called "Reynolds' num-
ber" after Osborne Reynolds, who first showed that the fluid flow pattern depends
upon this number. The latter combination should be recognized as Mach number,
which was discussed previously.

Reynolds number, R.N.= pVl (9k)
M

\4
Mach number, M = =

In order to simplify the notation, equation (93) is usually reyritten to envelope
the fluid dynamic pressure, 1/2 pV2, or q. It is noted that 12 1s the square of
a representative length and is thus a representative areea which may be called "A".

Thus, F = 2CgA RN 8 7€

or, F=CpqAh (95)

where Cf is now a nev parameter which depends not only on body shape, but also
on Reynolds number and Msch number.

Experience has shown that Reynolds number is the important criterion for lowspeed
flight and Mach number is important for high-speed flight. More will be said
later of these quantities, It may be mentioned in pessing, however, that Mach
number is by far the most important quantity with respect to large, high speed
Jet transports such as the Boeing TOT7 and T20.

Of consideroble interest in aerodynamic work is the turning moment of the force
of equation (95) ebout some arbitrary point. A "moment," as will be recalled, is
the product of the force and the distance from its point of application to an
arbitrary point. The usual dimensions for a moment are the "foot pound." Simi-
lar to the general force equation, the general moment equation can be developed
by dimensional analysis. The expression will evolve in the form:
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M=cp v 13 RVANT (96)

Where C”is a different value, and N and " are new exponents of Reynolds number
and Mach number. The dimensionless quantities of equation (96) may be combined:

M =C, gAl (97)

Where Cm is a non-dimensional moment coefficient like the force coefficient Cf in
equation (95), and 1 is a representative length.

1=-15  ATIRFOIL PROPERTIES

An airfoil is a shape or contour which has aerodynamic properties. The more fam-
iliar examples of airfoils are airplane wings, propellers and compressor and tur-
bine components of the jet engine. Before the aerodynamic properties of an air-
foll are described, some physical definitions should be discussed. Primarily,
these will be airplane particulars inasmuch as a separate discussion on the

application of many of the principles presented herein follows in the turbojet
engine section.

Physical Properties

Wingspan is the tip to tip dimension of the airplane wing, regardless of its
geometric shape. The symbol for wingspan is b, and is illustrated on Figure 19.

Figure 19.

Area of a wing is the projection of the outline on the plane of the chord. The
wing is considered to extend without interruption through the fuselage and na-
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celles. The shaded area on Figure 19 shows the area of a swept wing airplane.
The area of a wing is usually symbolized by "S."

Chord is the distance from the wing leading edge to the trailing edge. The chord
is seldom constant on a wing, due to tapering or curving boundaries, and so the
chord used in calculations is then an average chord. The symbol for the chord is c.

A simple relationship may now be written involving area, span, and average chord.

S =b ec (98)

Aspect ratio of a rectangular wing is the ratio of the span to the chord, and the
notation is AR.

AR = % (99)

This holds for rectangular wings but for all other planforms another form may be
derived from the bagic relationship.

o |o

b _3°
AR b be
2
(100)

AR:

o o

Teper ratio is of some interest and is defined as the ratio of the tip chord, cy,
to the root chord, c¢r. Thus,

c
lambda, A = -t (101)
Cr
Mean aerodynamic chord is the chord of a section of an imaginary airfoil on the
wing which would have force vectors throughout the flight range identical to those
of the actual vwing. The mean aerodynamic chord, or MAC,may be determined by

Figure 20.
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calculation, as shown kelow. It has its usefulness as a reference for the loca-
tion of the relative positions of the wing center of 1ift and the alrplene center
of gravity. Ultimately the load distribution determines the static balance and
stability of the airplane.

Generally, the MAC can be closely approximated by the graphical method shown in

Figure 20. This method introduces only a negligible error and is very simple to
accomplish. cy, and c{ refer to the root chord and tip chord respectively.

The rigorous definition of the length of the MAC is given by the following cal-
culus expression and by reference to Figure 21.

_ 23p
mc—fiw

MAC = IEEQ (102)

1
db —» *q—— _f“

Figure 21.

Equation (102) will reduce to the folloving for a straight tapered wing as in
Figure 21:

2
MAC = §'< er + ey - xSt )
er ey
2
2 A+ A+
= = 10
MAC 3°r< i > (103)
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Sweepback is the angle between a line perpendicular to the plane of symmetry of

the airplane and the quarter chord, c/4, of each airfoil section. The symbol of
the sweep angle is the Greek letter Lambda, A . See Figure 22.

_C_quarter
4) chord

Figure 22.

Airfoil section. The airfoil section itself has certain physical characteristics
which distinguish it. "Camber" refers to the curvature of the section, or the
departure from the chord line. The "mean line" is a line equidistant from the
upper and lower surfaces. The 'chord line" is then the straight line joining the
intersections of the mean line with the leading and trailing edges of the airfoil

See Figure 23, The geometric shape of an airfoil i1s usually expressed in terms
of the following:

(1) Shape of the mean line
(2) Thickness
(3) Thickness distribution

Thickness is generally shown as a percent of the chord or as a ratio of the

length of the line perpendicular to the chord to that of the chord; that is,
Ele.

mean line

maximum camber

chord line

Figure 23.
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The National Aeronautics and Space Administration, formerly National Advisory
Committee for Aeronautics (NACA) has tested many airfoil shapes and has devel-
oped a systematic series of sections. The results of these tests are published
and are available through the government printing agency. NACA Report No. 82k,
"Summary of Airfoil Data'" explains the system of identifying the various series
of airfoils in addition to the airfoil data presented. Of the various series
airfoils, the NACA five-digit series will be described here. The numbering
system for airfoils of the NACA five-digit series is based on a combination of
theoretical and geometric characteristics. The first integer indicates that the
amount of camber in terms of the relative magnitude of the design 1ift coeffi-
cient(in tenths)is thus three-halves of the first integer. The second and third
integers together indicate the distance from the leading edge to the location

of the maximum cember; this distance in percent of the chord is one-half the
number represented by these integers. The last two integers indicate the airfoll
thickness in percent of the chord. The NACA 23012 airfoil thus has a design 1ift
coefficient of 0.3, has its maximum camber at 15 percent of the chord, and bas a
thickness ratio of 12 percent. Figure 2L shows the ordinates of this airfoil.

NACA 23012

(Stations and ordinates given in percent of airfoil chord).

UPPER SURFACE LOWER SURFACE
STATION ORDINATE STATION ORDINATE

0 ———— 0 0
1.25 2.67 1.25 -1.23
2.5 3.61 2.5 -1.71
5.0 4.91 5.0 -2.26
7.5 5.80 T+5 -2.61
10 6.43 10 -2.92
15 7.19 15 -3.50
20 7.50 20 -3.97
25 7.60 25 -4.28
30 T7.55 30 =L 46
Lo 7.1k Lo -4.48
50 6.41 50 s 1T
60 5.47 60 -3.67
70 4.36 70 -3.00
80 3.08 80 -2.16
90 1.68 90 -1.23
95 .92 95 - .70
100 (.13) 100 (= .13)

100 ' —— 100 0

Figure 2L .

Aerodynamic Properties

When an airfoil experiences fluid motion, that is air moving over its surfaces,
there exists a pressure pattern similar to that of Figure 18. If there is cam-
ber to the airfoil, there will be a difference in the pressure pattern of the
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upper surface from that of the lower surface. Furthermore, if the airfoil is

fixed at some angle to the airflow, the pressure distribution, hence, the velo-
cities over the surface will be altered. The angle between the remote velocity,
Vg, and the chord is called the "angle of attack" and is given the Greek symbol

Alpha, a. See Figure 25.

I e

&
Y
-

Figure 25.

The pressure distribution on the airfoil at some angle of attack might appear as
shown on Figure 26.

resultant

Figure 26 .

The net result of the static pressure distribution over the surface is a lifting
force. This resultent force is conveniently represented by a single force of
some magnitude acting at a point on the chord called the "center of pressure,’
or CP.

The resultant force can now be resolved into two component forces, one component
perpendicular to the relative or remote velocity and the other component parallel
to it. The former force is called "lift" and the latter "drag." The resultant
is thus replaced and is no longer considered. The forces on the airfoil now
appear as in Figure 27.

D6-1420 Page 1.40



SECTION 1
AERODYNAMICS

47
| 7

Cc.P. - drag

jc-\
f

Figure 27.

It is known that the center of pressure will move with changes in angle of attack.
At low angles of attack, the center of pressure is located near the trailing edge
of the airfoil, and as the angle of attack 1s increased the center of pressure
moves forward. Thus, it is desirable to have some fixed reference point to which
the force system can be transferred. If this is done, compensation must be made
on the airfoil for the change. A moment is introduced about the fixed reference
point which will exactly compensate for the change in moment caused by moving the
1lift and drag vectors from the center of pressure. The quarter-chord point is
commonly selected as the reference point since it has been found that the moment
coefficient about the quarter-chord of most airfoils is nearly constant. (The
point at which the moment is independent of angle of attack is called the aero-
dynamic center.) The magnitude of the moment obviously varies with camber and
thickness as well as angle of attack. Figure 28 shows the transformation of
forces.

1ift 1ift
8 l«—
L. moment
Vg ek drag Vo (P.4 —p=dra
— T c/
Figure 28.

From the application of equation (95) it is possible to evaluate the 1ift and
drag forces; likewise, the moment from equation (97):
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Equation (95),
F = Cpgh
For 1lift:
L =C._gS (10k4)
L
where, L is 1ift force, 1D

C. is 1lift coefficient, dimensionless
S7is wing area, ft 5
q is dynamic pressure, 1b/ft

It should be noted that a representative area appears in equation (95). With
reference to a complete wing, it is obvious that the most reasonable representa-
tive area is the wing area. Similarly, the drag equation maey be written:

= Cpas (105)

where, D is drag force, 1b
Cp is drag coefficient, dimensionless

Finally, the moment equation may be written:

Equation (97), M = C_gAl
For the wing, M = CpgSc (106)
where, M is moment, ft-1b

Cp is moment coefficient, dimensionless
¢ is chord length, ft

The representative length, 1, will be the chord length for pitching moments (mo-

ment about the pitch sxis) or the mean aerodynamic chord in the case of a tapered
wing.

1.-1€ VISCOSITY EFFECTS

In a previous section, a short discussion was made of the viscous effect on the
fluid velocity. Of particular interest in aerodynamics is the thin and ever-
present boundary layer which is the consequence of fluid viscosity. Any changes
in the character of the boundary layer with Reynolds number produce changes in
the force coefficients. These phenomena are referred to as "Reynolds-number
effects" or "scale effects."

The type of flow in the boundary layer depends upon the smoothness of the fluid
flow approaching the body, the shape of the body, the surface, the pressure gra-
dient in the direction of flow, and the Reynolds number of the flow. There are
found to be two basic types of boundsry layers; the "laminar boundary layer," and
the "turbulent boundary leyer." Their distinguishing characteristics are shown
in Figure 29.
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turbulent region

transition region x

\'f laminar region
T N— /,\/< /‘%/ o
R —
R — X 25 -
. —
§
S, T

—_—

T e

< d.

Figure 29.

Consider the frictional drag associated with the flow of fluid over one side of
a smooth flat plate. The flow is parallel to the surface and is depicted in the
figure. The flow of fluid immediately downstream of the leading edge is very
smooth and is known as laminar flow. Further downstream it will be found that
the thickness of the layer increases as more and more alr next to the surface
becomes affected. The thickness of this layer is usually expressed in terms of

Reynolds number.
SL 3 5.2§1)
/RN

(107)

where, 81, 1s laminar thickness, ft
1lis length from leading edge, ft
RN is Reynolds number (EVJ) , dimensionless

M

As the air progresses downstream along the plate a point is reached where the
laminar flow is found to break down and the flow tends to become unsteady and the
thickness increases rather suddenly. This is a transition region and is found
to vary considerably in character depending somewhat on the turbulence of the

D6-1420 Page 1.43



SECTION 1
AERODYNAMICS

remote airflow and the smoothness of the surface. It is found from experiments
that the quantity which defines the transition 1is Reynolds number. Under ideal

conditions, the Reynolds number for the transition region is approximately
530,000, as shown in Figure 30.

Notes:
.o10l 1. Smooth Flat Plate
& 2. No Pressure Gradient
&) turbulent floy 3. No External Turbulence
3 trensition
E .005 -
e,
O
§ laminar flow
O A ). 2 1 1 1 1
0] 1 2 3 N 5 6 T
REYNOLDS NUMBER , 106
Figure 30.
V ~
Thus, RN = f;l = 530,000

Beyond the transition region, the air becomes more turbulent as there is consid-
erable fluid particle motion. This region is the turbulent boundary layer and
its thickness is expressed as:

sy = +37(1) (108)
-t
RN

The flow on a body other than a flat plate will be changed somewhat, primarily
due to the shape. Because of the shape, the velocities over the surface become
changed from the free stream velocity. This, in turn produces negative and posi-
tive "pressure gradients" on the forward and rearward sections of the body,
respectively. A pressure gradient is the slope of the static pressure line on a
surface, or the rate of change of static pressure with distance. On the forward
portion of an airfoil the static pressure is growing more negative. This means
that an air particle will feel a pressure gradient which is tending to assist the
particle motion, or accelerate it. This is referred to as an "assisting" pres-
sure gradient. However, over the rear portion of the airfoil, the opposite is
true. The static pressure is becoming more positive with the result that the
particle feels as though it were being resisted. This increasingly positive
pressure gradient is thus called an "adverse" pressure gradient. See Figure 31.

An assisting pressure gradient is seeking to increase the velocities in the boun-
dery layer. An adverse pressure gradient slows down the air in the boundary
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Q) i"’“ static pressure
«° distribution

$
O B
NS negative 0D
P pressure i do%

Figure 31.

layer, particularly the air immediately adjacent to the surface, where the vel-
ocity is initially the lowest. When the adverse pressure gradient becomes large
enough, separation takes place. This means that a finite layer of air at the
surface is actually stopped relative to the surface. This layer upsets the con-
tinuity of the airflow and an eddying condition is set up which results in air
flow separation.

In Figure 32, two angle-of-attack conditions are shown. It will be noted in com-
paring the two pressure distributions that the adverse pressure gradient over the
rear portion of the airfoil is much less at the low angle of attack than at the
high angle. Thus, separation will occur more easily at high angles than at low
angles of attack due to the boundary layer phenomenon just discussed. Thus, the
high angle of attack separation may be said to be primaerily instigated by the
boundary layer characteristics.

In the application of the boundary layer phenomena to the modern airplane, much
can be said. The flight Reynolds numbers on airplanes as large and as fast as
the 707 and 720 are so large that transition from laminar to turbulent flow will
occur almost immediately on the leading edges of all surfaces. Thus, all the
flow is considered turbulent.

An important consideration in the control of boundary layer has to do with the
layer thickness. As can be seen from Figure 29, the boundary layer grows in
thickness as it proceeds rearward. This fact makes it more important to maintain
surface smoothness near the leading edges of surfaces than farther aft. This is
because a surface irregularity (rivets out of contour, or a poor skin joint) will
cause a greater disruption to the normael flow when it is in a region of thin
boundary layer than if it were farther aft and could be more easily buried in the
thicker boundary layer. Thus, for meintenance of an airplane in a condition for
minimum possible skin friction drag, its surface should be kept free from discon-
tinuities, especially in the more forward regions of all surfaces.
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L LOW ANGLE OF ATTACK -

HIGH ANGLE OF ATTACK

Figure 32

Another point which should be mentioned is that the boundary layer represents
"dead air" which has had energy removed from it by internal friction within the
layer. This means that air teken into the engine, for instance, will have this
layer of dead air if there is an appreclable surface shead of the air intake. On
pod-mounted engines, the engine air intakes have essentially zero-length intakes,
so that this problem is not encountered. On some fighter aircraft with fuselage-
side intakes a boundary layer bleed system must be used to get rid of this air
before it is taken into the engine where it would reduce efficlency.

1-17 LIFT AND DRAG

Obviously, if an airfoil section or wing is operating under fixed conditions of
density and velocity, then the 1ift and drag will chenge if the angle of attack
is changed. If the 1ift and drag change, then the coefficients of the 1lift and
dreg must also change in order for equation (104) and (105) to be valid.

If an airfoil section is considered which is first operating at a small, or low
angle of attack, and then at a large, or high angle of attack, the 1ift and drag
will both be smaller in the first instance than in the second. This has been
borne out by countless experimental tests. Figure 32 shows the pressure distrib-
ution and flow pattern for these two conditioms.
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Figure 33.

From theoretical considerations it may be shown that the 1ift (or lift coeffic-
ient) at constant veloeity will increase uniformly (or linearly) with increase

in angle of attack. Test data on alrfoils usually show a linear vaeriation of
1ift coefficient, C1, with angle of attack, «, through a considerable range of
angles. Ultimately, however, the airfoil will reach such an angle that the air,
in flowing over 1ts top surface, will find it Impossible to remain in contact
with the surface. At this point airflow separation will begin and the 1lift curve
will start to depart from linearity, see Figure 33. As the angle of attack is
increased further the alrflow separation increases until & maximum 1ift coef-
ficient value 1s reached, C ax” Beyond this point Cj, decreases, either abruptly
or gradually, depending on the particular airfoil. This phenomenon is called
"stalling", and the angle corresponding to Clpax 18 called the stall angle.

A diagram of the approximate flow condition at the stall angle is shown in Figure
34. This shows the turbulent eddying wake characteristic of separated airflow.
It should be noted that at the other end of the 1ift curve (Figure 33) the point
at which Cr, is zero does not occur at "zero angle of attack," but at some small
negative angle, «1,_. This is characteristic of an air foil with camber; the more
the camber the more negative 1s the angle of zero lift. For an uncambered, or
symmetrical airfoil, the angle of zero lift is zero.
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Figure 34.

196

The slope of the linear portion of the lift curve is of interest, mathematically.

C;, = ma+b
When, Cp = O,czq':Lo
Thus, 0= maLo + b
or, b = —maLo

Therefore after substituting for b:

CL= ma-maLo

Cp, = m(c:-cLo)

Cr a.(c-cLo)

(109 )

The letter "m" is usually written when the slope is measured per radian, and the

letter "a" is written when the slope is measured per degree.
letter here should not be confused with other definitions.

The use of either

If the relationship between drag coefficient and angle of attack is shown, it
will appear considerably different from the 1ift coefficient and angle of attack
curve. Below the stall most airfoils produce the characteristic parabolic shape

as shown on Figure 35.
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DRAG
COEFFICIENT
Cp

= 0 +
ANGLE OF ATTACK «

Figure 35.

During the accumulation of wind tunnel test data on an airfoil, 1ift and drag
data are recorded for constant values of angle of attack. When applying this
informetion to aerodynamic problems, particularly those concerned with perfor-
mance, it is more useful in another form. Angle of attack, «, is eliminated and
a curve showing the relationship of 1ift coefficient to drag coefficient is used.
The curve is commonly called the "drag polar," and it is parabolic in shape. This
curve is shown in Figure 36 for a wing, but the drag polar for the complete
airplane will be found to have a similar shape.

CL

\ Cp

Figure 36.
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There is still another curve of interest which can be derived from Figures 32

and 35. If Cp is divided by Cp at every angle of attack up to the stall, a new
curve mey be drawn as in Figure 37.

Figure 37.
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From equations (104) and (105):
L CraS C
iy ' ) (110)
D CpaS Op

It should be noted that at a certain angle of attack the L/D ratio becomes a max-
imum. The significance of this point is that it represents the most efficient
operation of the airfoil. In effect, it is the point at vhich is obtained the
most 1ift for the least drag. Another curve which will produce the same result,
but from a slightly different approach to the determination of meximum L/D, is
shown in Figure 38. At several points along the curve, there can easily be found
the CL/CD ratio. If lines through the origin connect with these points, the
slope of each line will define a CL/CD ratio. The maximum possible slope will
obviously be defined by a line from the origin which is tangent to the curve.

The point of contact with the curve will define the Cp and Cp values for(IyT»max.

The reason for being concerned with(L/Dlnanill become more apparent in later

discussions. However, a clue to the most efficient point of operation of an air-
plane may be found in the investigation of the maximum 1ift to drag ratio.

1-18 DRAG ANALYSIS

In the previous section, it was noted that the relationship between Cy and Cp is
parabolic in shape. It is of interest to discover some of the reasons for this.

airplane
drag polar

Figure 39.
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The drag coefficient of the airplane may be expressed with sufficient accuracy
by an equation of the form:

= A+BC.° (111)

c L

D

The constants A and B are usually found by wind tunnel tests. The first, A, de-
pends mostly on the airfoil section and its Mach number and Reynolds number;
while B depends mostly on the aspect ratio of the wing. Figure 39 shows the
close agreement of an airplane polar with the parabolic expression.

It is convenient to break the airplane drag down into components attributable to
various causes. The basic drag equation (in coefficient form) is:

Cp = Cy + €y, + Cp (112)
D
D DP 1 M
where,

Cp is total airplane drag coefficient
CDP is parasite drag coefficient
CD is induced drag coefficient

i

CDM is compressible drag coefficient

Parasite Drag

Parasite drag is the drag of any part on the airplane that does not contribute
useful 1ift. The parasite drag of a wing is usually referred to as "profile"
drag. It is composed of drag due to the pressure distribution and skin friction,
and is denoted as Cp.. It is to be distinguished from another kind of drag which
is entirely a result of 1lift being derived from the wing. The parasite drag on
the remaining components of the airplane (fuselage, tail, nacelles, etc.) is
called "structural drag," and is denoted as Cp,. This type of drag is attributed
to several causes. Some 1s due to the pressuré distribution on the body (some-
times called "form drag"); some is due to skin friction drag; and some to aero-
dynamic interference. The entire parasite drag of the airplane may be summed up

' Cpp = Cpg + Cng (113)

where, CDP is parasite drag coefficient of the airplane

.CDO is parasite drag coefficient of the wing (profile)
CD is parasite drag coefficient of the remaining com-
S ponents (structural)

On a given body, the relative proportions of form drag and skin friction drag
will depend upon the shape of the body. Those bodies that have predominantly
form drag are referred to as "bluff" bodies; those that have predominantly skin
friction drag are called "streamlined" bodies. A typical variation of drag with
body shape is shown in Figure 4O. Here a body of revolution with a given dia-
meter is progressively "stretched out" and the drag measured. Since the maximum
cross sectional area is constant, the reference area for computing the drag
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coefficient is chosen at this cross-sectional area. It can be seen that the
minimum dreg coefficient occurs &t an 1/d ratio (length to meximum diameter) of
about 2.5. The 1/d ratio is commonly referred to as "fineness ratio." For the
lower fineness ratios, separation takes place, giving a relatively large form
drag, hence a relatively large drag coefficient. For the larger fineness ratios
the large exposed skin surface area of the body causes relatively large skin
friction, hence a relatively large coefficient. The drag characteristics of a
body of revolution are of interest because of their application to fuselages and
nacelles.

Cp
w
.10 ol
(based on
frontal
area)
0 I ) A i k.
0 2 L 6 8 10

LENGTH/MAXIMUM DIAMETER

Figure 4O.

Another factor that contributes to drag force is called interference drag. Inter-
ference drag exists from the change in flow pattern that accompanies the placing
of two bodies in close proximity. Thus, the total drag of the two bodies placed
close together is generally different from the sum of the individual drags.

Quite often this interference is unfavorable, causing an increase in drag over
that experienced by the separate bodies. It thus becomes necessary for the de-
signer to find the appropriate geometric layout of the airplane components which
will result in a minimum of interference drag. The intersection of the wing with
the body is usually troublesome in this respect. It is found that a high wing
airplane produces little or no interference. For a low wing airplane, however,
there is a marked tendency for separation at the root at high angles of attack.
This is because the intersection requires an expansion of the streamlines near
the trailing edge on the top surface, which means a deceleration of the air and
a tendency toward separation. A common method of alleviating this condition on
the low-wing airplane is the use of a "fillet" at the intersection. The deter-
mination of the location and amount of interference is most easily made in the
wind tunnel through the analysis of force data and airflow "tuft" observations.

There are other ways of denoting drag. In Figure 4O, the drag coefficient was

based on the frontal area. Since an aerodynamic coefficient is completely arbi-
trary, it may be based on any convenient area. The use of the frontal area as a
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basis of the drag coefficient is quite common for a body such as & fuselage or
nacelle. In this case, it is called the "proper" drag coefficlent, denoted by
the subscript, w.

Thus, D=C, ®._4§d (11%4)

vhere, D is drag of the body, 1b
CDﬂ_is proper drag coefficient, dimensionless
Sy 18 frontal ares, ft°
q is dynamic pressure, lb/ft2
The procedure of using an arbitrary area to base a drag coefficient on may be

extended still further. It should be realized first that the drag of a body is
directly proportional to the dynamic pressure, g, or:

Dag
Thus, D=fgq
where, f is the constant of proportionality.

From former equations, it is known that:

D= CDSq

D = Cp Sga
Then,

f= CDS

(115)
f —-CD1§“

The constent, f, is called the "equivalent parasite area" and is particularly
convenient since it embodies no characteristic area. The usefulness of this
nomenclature is that a body, such as & nacelle of given dimensions, will have one
value of "f" regardless of the airplane to which it is considered to be applied,
assuming no change in interference drag.

Another method of denoting drag is by the skin friction drag coefficient. As was
mentioned previously, after a body is lengthened past a certain point its drag
coefficient based on frontal ares increases. As a matter of fact this increase
will be found to be proportional to the increase in skin surface area. In other
words, the drag characteristics of a long slender body will be essentially those
of a flat plate with the same surface area as the body set parallel to the remote
velocity. Thus, instead of using the frontal area as a reference for the drag
coefficient, the surface area could be used instead. A plot showing drag based
on "wetted" or skin surface ares appears in Figure 41. This shows that the drag
coefficient approaches a value of about .003, which is the value found to exist
on a flat plate. The drag equation may be written:

D = CpA,q (116)
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where, Cs 18 the coefficient based on wetted area

A, is wetted area, t2

.02

01

(based on

wetted area)
003

0 1 | | | J
0 2 I 6 8 10

LENGTH/MAXIMUM DIAMETER

Figure 41.
Induced Drag

The drag which is induced by the wing is called "induced drag," Cp.. The total
wing drag may be considered as that made up of profile and induced drag. Written

in coefficient form:
= Ch + C 11
ch Do Di ( 7)

where, CDw is total wing drag coefficient

CDo is profile drag coefficient
CDi is induced drag coefficient

Induced drag may be approached by considering the flow over a wing at such an
angle of attack that it has positive 1lift. For this condition, the air pressure
on the upper surface 1s less than the air pressure on the lower surface. There
is thus a pressure differential existing with a natural tendency for the air to
flov tovard an area of lower pressure to alleviate the differential. This occurs
at the wing tips. Air flowing backward over the upper and lower surfaces of the
ving is influenced by the action at the wing tips. The action is rearvard and
inwvard on the upper surface, and rearvard and outward on the lover surface.

This is shown in Figure L2,

The transverse flow is logically most predominant at the tips, decreasing inboard
until nullified at the wing centerline by an equal and opposite transverse flow
generated by the other tip. The wing is shown (in Figure 42) as viewed from the
top, with the solid lines denoting flow on the upper surface and dashed lines de-
noting flow on the lower surface. With such a condition, the air immediately
behind the wing will have a swirling or "vortex" motion, most predominant at the
tips, and less intense inboard. The net effect of these vortex systems, or trail-
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ing vortices, is to give an average downward inclination to the air leaving the
wing. The average angle through which the velocity vector is rotated is called
"downwash angle," denoted by the Greek letter Epsilon, €. The air flow pattern
sbout a section airfoil appears as in Figure 43.

low pressure

(——————)
+ + 4+ + + o+ |+ L+ +
high pressure

leading edge

XX XA A A ALK

trailing edge

Figure L2.
If an airplane had an infinite span the transverse flow at the tips would influ-
ence only a very small portion of the wing. The gradual decrease of the cross
flow effect toward the center results in a zero downwash angle at the wing
centerline. It can thus be seen that the influence of the transverse flow at the
tips (tip vortices) on the rest of the wing will depend primarily upon the aspect
ratio of the wing.

Vv—m—m3m>

="

e S S Y

Figure 43.
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For a finite aspect ratio, the downwash angle is of definite measurable magni-
tude; and for an infinite aspegt ratio (finite chord but infinite span) the down-
wash angle may be assumed zero.

It is assumed, now, that there exists an average constant downwash angle across
the span of a (finite) wing. The actual spanwise distribution of downwash may be
shown to be a function of the planform of the wing considered. A rectangular
wing, for exasmple, would be expected to have a much higher concentration of vor-
tex action at the tip where the chord is large, than a tapered wing whose tip
chord is relatively small.

Consider a stream of fluid moving over an airfoil section, being deflected some
average angle, €. Newton's law may be applied to the deflected stream of fluid
to determine the forces exerted on the airfoil.

From equation (6), F =M
and equation (22), av
T

AV

8=—

At

Then M

? F= — AV (118)

At

Consider now that this stream of some arbitrary but as yet undefined cross-sec-
tional area is moving with an average velocity, V, past the wing. The mess per
second, (M /t), passing any given point is equal to pAV.

M
qr= pAV

The change in velocity of the stream may be seen in Figure 4L, Assuming that the
stream is deflected through an angle € (by the action of the wing) the vector
diagram mey be drawn. '

(i

Y

Figure Lk.
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There has been a change in the velocity, an acceleration, due to changing the
direction of the velocity vector. The magnitude of the velocity change is:

AV =7V sin €

For small angles, the sin is equal to the angle itself, measured in radians.
Since €is small, sin € is equal to €. Thus,

AV = Ve
Equation (118) may now be written:

F = pAV. Ve

In this particular instance, the force under consideration is 1ift; therefore:
L = pAV2e
Also from equation (104);

1
= 2
L=cp —p¥s

Equating the two, results in:
1
pAV2€ = CL? pVZS

or, 1

It can be shown that the area, A, in the equation,is the cross-section of the
stream of fluid affected by the wing enclosed by a circle whose diameter
is the span of the wing. This does not mean that only this area 1s deflected,
but rather that it is an equlvalent area which may be consldered deflected
through a constant angle of dovmnwash € .

Therefore, wb2
A=—
L
From equation (100), Bl
S = —.
(AR)

Substituting in equation (119) gives:

BV el B
4 2 L (aR)

or,
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e 2CL 1
= 'II'(A.R) ( ! 20)

This equation shows that the downwash is a function of both 1ift coefficient and
agpect ratio.

Consider now a wing of infinite aspect ratio set at a geometric angle of attack,
@0, as in Figure L45. For convenience, let the 1ift and drag coefficients be de-
noted as CLO and CDO for this condition.

From previous assumptions it is known that there will be no downwash, thus the
velocity vector behind the wing will have the same direction as that in front.

Now let the wing be subjected to exactly the same geometric angle of attack, but
with some finite aspect ratio instead of infinite aspect ratio. The velocity
field in the region of the wing now consists of a curved flow, with the velocity
vector behind the wing deflected through an angle €. This curved flow mey be
represented by an effective linear velocity which bisects the downwash angle and
denoted as VE in Figure 46. It is important to recognize that the effective
angle of attagg is now less than the geometric angle of attack, «, by half the
downwash angle. Since this angular reduction is induced by the 1ift on the wing,
it is called induced angle of attack, a,.

CLo
A
AR = ©
_sl__s__ Cp,
CO %
v > T \' >
Figure L5.
a
ere Finite AR
VEFF
T s R S I
@ .
v_, + 19 : = VEFp
f v —
Figure L46.
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Thus,

€
<=7 (121)

Now let the geometric angle of attack of the finite aspect ratio wing be in-
creased until its effective angle of attack is the same as the angle of attack
of the infinite aspect ratio wing. See Figure L.

Thus, E=ag+ &, (122)
vwhere, @5 is effective angle of attack

ay is induced angle of attack

Cr,,

VEFF 7\‘\ CDO

Figure 47.

Effectively, the only difference between Figure 45 and Figure 47 is that Figure
L5 has been rotated through an angle «4; thus Cp, and CDo may be made perpendi-
cular and parallel respectively, to Vggp. In order to conform to the standard
practice of resolving the 1ift and drag coefficients perpendicular and parallel,
respectively, to the remote velocity, the coefficients CLo and Cpgy must be re-
solved into components in those directions. This is done in Figure 48,
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The resolution of Cpy into its two components results in & horizontal component
that 1s essentially equal to Cp,, and & vertical component that may be ignored

due to its small size relativepgo the magnitude of Cy and Cr,. The resolution

of Cr. into its two components results in a vertical component that is essential-
1y equal to Cry, and a horizontal component that may be of such large proportions
as to be greater than the profile drag of the wing. To this horizontal compon-
ent is given the name "induced drag coefficient,” and it may be seen to be related
to the induced angle of attack according to the following. A portion of Figure

L8 ig enlarged in Figure 49 to show the mathematical relationship that exists.

CDi
CL L C
— @4 Lo
VEFF
y !
+ \
Figure 49.

From Figure 49:

CDi = CL tan di
If a; is small, tan a; will equal the angle aj 1f expressed in radians.

Therefore:

Cp; = CL @ (123)

where, CD1 is induced drag coefficient
Cr is 1ift coefficient
a; is induced angle of attack, radians
Equations (120) and (121 ) may be combined to give another relationship for «y:

Cr,
di:
m(AR)

(124 )
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This equation may now be used with equation (123) to give another relationship
for Cp,.
cr2
Cp, =
1" w(aR)

(125)

Figure 50 shows the effect of aspect ratio on the 1ift curve and the polar curve
of en airfoil. These curves show the magnitude of the effect of aspect ratio on
the 1ift and drag characteristics.

CL

Figure 50.

Some general statements may be made about the effects of aspect ratio. As can be
seen in Figure 50, the infinite aspect ratio characteristics are optimum for a
given airfoil section since the least drag occurs for a given 1lift coefficient.
The aspect ratio chosen by the airplane designer will be governed by a compromise
between structural and aerodynamic considerations and by the purpose for which
the airplane was deslgned.

Compressibility Drag

Compressibility drag is that part of the total drag due to the compressibility
effects coexistent with high speed. In order to show the effects of compressi-
bility it is convenient to associate the flow of fluid at high velocities around
an airfoil section with that flowing through a channel. In an earlier section,
a discussion was made involving shock wave phenomena and the accompanying pres-
sure and velocity changes. The same phenomena can be expected to occur in the
flow over an airfoil.

Air flowing over an airfoil surface may attain locally sonic velocity. Local
speeds greater than that of sound may, and frequently do, exist on the airfoil
surface because the rear portion of the airfoil, by its geometry, requires an
expansion of the stream tube. The conversion of this very high speed air to the
lovwer speed necessary &t the trailing edge produces a shock similar to that in a
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channel. Unfortunately, the sudden rise in pressure through the shock wave
frequently causes separation of “low, and the effect leads to a general decay of
the aerodynamic characteristics of the airfoil.

Figure 51 shows a view of the boundary lsyer ahead of and behind the shock wave.
It is found that there is an interaction between the shock wave and the boundary
layer such that the layer thickens rather abruptly on passing through the shock
wvave. This thickening, plus the fact that an adverse pressure gradient exists
across the shock wave, is sufficient to cause the boundary layer to separate just
as 1t does in the case of & high angle of attack stall. This separation affects
both the 1ift and the drag characteristics of the airfoil.

~— NEGATIVE -

MORE POSITIVE
PRESSURE _—

PRESSURE

SHOCK WAVE

Figure 51.

‘The 1ift under given conditions of angle of attack will increase with Mach num-
ber according to the following expression which will not be derived here.

C
Oy = _Tine (126)
V1 - M2
Where CLi is the 1ift coefficient for incompressible flow and M, 1s the remote
nc
Mach number.

ip is shown, in Figure 52,to be reliable up to the point where
EZEZr;iizziEEZ?;g to take ;ffect.guAssuming now that separation induced by shgck
wave formation is taking place. Figure 52 will be modified as indicated by t eh
dashed lines. The reason the 1ift decreases at the high Mach numbers is that the
shock wave causes flow separation with the resultant loss in 1lift.
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-3 CROSS-PLOT OF C_ VS @
AT GIVEN ANGLE OF ATTACH

WITH M EFFECT,
NO SEPARATION

WITH M EFFECT,
BUT NO SEPARATION

— ——WITH M EFFECT — ——WITH M EFFECT
& SEPARATION & SEPARATION

-

Figure 52.

The effect of the separation is reflected in the polar curve, Figure 53, which
is representative of the airplane polar curve.

If Figure 53 is cross-plotted at a constant 1ift coefficient, & curve showing

the magnitude of the compressibilitydrag, CDy, is obtained. This curve,Figure 5k,
shows the typical "drag rise" curve shape which denotes the onset of shock wave
separation.

CROSS-PLOT OF C|_ VS Cp
AT GIVEN LIFT COEFFICIENT

CDM
Cp 2 3 4 5 6 .7 8 9
M
Figure 53. Figure 5h.
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The lowest remote velocity at which sonic velocity (M =1) is attained on any
part of an airfoil is called "critical Mach number." This does not mean that a
dangerous condition exists on the airfoil, but rather that it represents a limit
below which no shock waves can occur. The pressure coefficient associated with
the critical Mech number is called "critical pressure coefficient." It is pos-
sible to predict what pressure coefficient must exist to produce & local Mach
number of unity. Consider the ailrfoil in Figure 55.

P
M o
Po
Mo
——>
Figure 55.

The pressure coefficient, developed in a previous chapter as equation (84), re-
mains:

CP=P'PO
%)

From compressible flow theory, it may be shown that for M= 1 on the airfoil, the
critical pressure coefficient is:

Y

c 2 2 N VT
PCR = < ol B ) M (127)
yt1 p+1

This equation, when plotted, appears as in Figure 56.

The changes in density accompanying changes in static pressure produce a pressure
distribution which is different from that predicted for incompressible fluid.

The development of equations to show modifications to the incompressible pres-
sure distribution is, in general, a rather elaborate procedure and will not be
discussed here. The results, however, are shown.

For an incompressible fluid, the pressure at the stagnation point is greater
than the remote static pressure by the amount of the dynamic pressure q.

AP
CP3=_§=1

Thus, aQ
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.3 an .5 6 ST .8 .9 1.0
Mo
Figure 56.

where, Cps is the pressure coefficient at the stagnation point
APs is the change in static pressure at stagnation point from remote value
qp is remote dynamic pressure
For a compressible fluid, the pressure at the stagnation point is increased, due

to compressibility, according to the following equation:

_ 2 2= L
CPs_ T+—M, +Et Mo e O R

For most practical applications, this may be expressed simply as:

2
cPs=1+Mi (128)

For the remeining pressure on the airfoil, a commonly used equation is employed.
It does not apply accurately where the local velocity on the airfoil is consider-
ably different from the remote velocity; hence, it does not apply at the stagna-

tion point or on the upper and lower surfaces of an airfoil at high angles of
attack. The equation is:

sz —Pinc (1{5_9)
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Also, since the 1ift coefficient depends upon pressure coefficients, equation
(126) may be applied directly for & similar prediction of 1ift coefficient, Ci,
and slope, m, of the 1ift curve. The 1lift equation appeared as equation (12
in this chapter, but the slope of the 1ift equation is shown as follows:

Minec

m= (130)

\/1 - M02

Figure 57 shows the effect of compressibility on the pressure distribution at
low and high Mach numbers. The difference between the two pressure distributions
is noticeable, especially on the upper surface. It will be noted that for the
high Mach number diagram, the flow is supersonic for a considerable portion of
the upper surface and finally becomes subsonic by means of passing through a
shock wave. The same angle of attack is considered in both cases.

In designing & nevw airplane it is highly important to estimate as accurately as
possible what the 1ift and drag characteristics under all conditions will be.

The aerodynamicist depends largely on three sources for this information. Initi-
ally, data obtained on other airplanes or previous NACA test results may be used.
Wind tunnel models are built and tested to verify previously estimated data, and
also to investigate certain design features for which there has been no previous
data available. The basic drag polar is obtained for the complete airplane from
wind tunnel tests. The polar describes the 1ift and drag characteristics of the
model which is geometrically similar to the full scale airplane, however, it is
not generally used to represent the actual alrplane directly. The shape and
spacing of the curves relative to each other are used directly, but the inter-
section of the low Mach number (incompressible) polar with the Cp axis is ob-
tained by other means. The reason for this is that past experience has shown
that wind tunnel data will accurately predict the polar shape and drag rise
characteristics but will not predict the basic "drag level." One reason for this
is that it is difficult to accurately separate out the drag and interference
effects of the model suspension system.

shock wave

CRITICAL/PRESSURE COEFFICIENT

upper surface

upper surface
lover

CP lower Cp surface
- surface _
N o
4 LOW MACH NUMBER -+ HIGH MACH NUMBER
L A 1 e 1 d - 1 A L
0o .2 b 6 8 T.0 0 2 k% 6 8 7.0
FRACTION OF CHORD FRACTION OF CHORD
Figure 57.
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Cne vs Cp
of airplane

Figure 58.

The concept of drag level may be seen best by reference to Figure 58 in which &
low-speed polar is plotted on axes of CI? vs Cp. It is readily apparent that
the curve becomes practically a straight line. This happens because, as was men-
tioned previously, the parabolic shape of the drag curve is primarily caused by
the induced drag of the wing. Equation (111) suggests this presentation:

2

L

From equations (112) and (125), an expression for the low-speed polar may be
written.

Cp=A + BC

2
CD=CDP+% (131)

In Figure 58, there appears some deviation from the mathematical representation
at lov and high coefficients. If a representative straight line is drawn through
the curve and extrapolated to zero Cp, the intersection will define a minimum

Cp, which is composed only of Cp,, since the induced drag becomes zero at zero
Cr. If a line is plotted showing the varistion of Cp; only with CL2, it is found
to be straight and,in asddition,to have a slope steeper than that of Cp vs CL2.
Graphically, the difference between these two lines will represent Cpp, and since
the slope of the induced drag line is steeper, the minimum value o CDP will
occur at zero Cy, for symmetrical airfolls. This value is known as CDPMIN and is
the drag level referred to previously.

For cembered airfoils, C occurs at low vaelues of Cy depending on the a-
mount of camber, but not at zero Cr. A transport airplane is so designed that
CDopyyy occurs at a Cy, approaching optimum cruise condition. To illustrate this,
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Figure 59 shows & low-speed polar and in addition a curve of the parasite drag.
The difference between the two curves represents the induced drag. It is obvious
now that the minimum Cpp occurs at a finite value of Cr, and very close to the

optimum L/D. op

C
DPMIN——rr

Figure 59.

The determination of CDPMIN is usually made by noting first that pure parasite
drag is a function of form and skin friction drag. From experience it has been
found convenient to compute the Cpp of various parts of the airplane by assuming
the Cpp is a function of skin friction only. By analyzing past flight data from
similar airplanes, various values of skin friction drag coefficient, Cg¢, are
assigned to each part of the airplane. Various values are required due to shape
and fineness ratio differences. In general it will be found that these values
average out to about .003, as was indicated in Figure 41. Thus, in order to
compute CDPM%N it is necessary to select the proper Cf, and since the skin
wetted area 1Is known, the f for any section of the airplane can be computed. The
fMIN of the total airplane is obviously equal to the sum of the various equiva-
lent parasite areas (f's) of the components. Thus, CDpypy cen be computed. In
the above calculations it should be noted that the followyng relationships are
assumed to hold:

fMIN = Crhy

or, (132)
My = CDP S
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Thus, having computed the minimum f of the airplane, the wind tunnel polar can
be shifted to agree with this value, and the full scale polar will be obtained.
Verification of all previous estimations and of wind tunnel tests is, of course,
mede in the construction and flight testing of the airplane.

It was noted that, én Figure 58, the slope of the CL2 vs CDy curve was greater
than that of the C;© vs Cp. If it were possible to so shape the airplane that
there be no increase in parasite drag with angle of attack (and thus CL) then
the two curves would be parallel. The ratio of the two slopeg would then be
unity, or the slope of CL2 vs. Cp would be 100% of that of CL2 vs Cpy. The
ratio of these slopes is called the airplane "induced drag efficiency factor" and
is denoted by the symbol "e". For most airplanes it is difficult to approach a
100% efficiency factor, and values of around 80% are common. In terms of cal-
culus nomenclature:

2

dCr=/dCp
LE/ (133)

dCr~/acy

i

Equation (131) may now be modified to reed:
2
B Cg

Cp = Cppe + w(AR)e (134)

where CDPe , defined as the equivalent parasite drag coefficient, is shown in
Figure 58.

1-19 PLANFORM EFFECTS

As was mentioned previously, the wing planform has an effect on the strength of
the vortex pattern at any point on the wing with a resultant effect on the down-
wash behind the wing. The downwash has the effect on the 1lift distribution over
the wing such as to approach an elliptic shape. For the theoretical infinite
aspect ratio wing, the 1ift distribution is constant across the wing as there is
no downwash,as in Figure 60.

-~ — — - , —_————

INFINITE ASPECT RATIO WING

i 1t

FINITE ASPECT RATIO WING

Figure 60.
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Figure 61.
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Variations in the planform of a finite wing produce spanwise load distributions
which are varied. An elliptical shaped wing is unique in that it incurs essen-
tially a constant downwash behind the wing: hence, an elliptical 1lift distribu-
tion. The entire wing tends to stall at the same time. Because a rectangular
wing has a larger downwash angle at the tip, the effective angle of attack is
reduced, hence the tip sections are the last to stall. On a tapered wing, the
downwash decreases toward the tip section and the tip section tends to stall
first. The effects are shown in Figure 61.

The wing that has a tendency to stall the tip section first is very undesirable
from & lateral stability standpoint. There are various devices employed to pre-
vent or delay the stalling characteristics. One method of alleviating an early
tip stall is to physically reduce the angle of attack of the tip relative to the
root by geometrically twisting or "washing out" the tip. Another method employed
is to meke the airfoil section at the tip more cambered than those inboard. This
ensbles the airfoil to attain a higher Cp, toward the tip before stalling. Still
another method that mey be used is to install leading edge "glats" near the tip
to assist in keeping the tip from stalling.

A feature of swept back wings which should be mentioned at this point is the
characteristic of spanwise flow. Consider a swept back wing with a fairly high
positive 1ift on it, as in Figure 62. In particular, consider two chordwise
sections on the wing. If these sections were viewed from a point near the wing
tip and their respective pressure distributions drawn, the picture in Figure 62
would approximate the situation.

e

[ S
o Jr—
aQ——

Figure 62.

Considering a spenwise section at Point A, it will be noted that the static pres-
sure distributions are such that a greater negative pressure (1lower static pres-
sure) will exist inboard than outboard. This will create a tendency for an air
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particle when moving over the upper surface in the vicinity of the leading edge
to move inboard due to the lower static pressure inboard. When point B is reach
ed, however, the static pressures are equal at the two stations, so the air
particle will merely travel aft. At point C, the situation is reversed over
point A; that is, the particle will tend to move outboard. An overall picture of
particle motion may be gained from Figure 63. The condition described is appar-
ent at fairly high 1lift coefficients, but less obvious at lower 1ift coefficients
since the pressure differentials are less. As the stall 1s approached, however,
it will be found that the flow near the wing tip at the trailing edge will be
almost parallel to the trailing edge. One method of eliminating this flow effect
is to add wing fences at several locations on the wing. This tends to keep the
air flow going in a stralight line direction.

¥ -

Figure 63.

Simple constant-section wings such as used to obtain the effects shown in Figure
61 are seldom used. In practical applications, section changes, variations in
incidence, and other devices are used to tailor the wing to fit the requirements.

1-20  HIGH-LIFT DEVICES

There are several devices employed to increase Cy; of a wing. This is done to
delay the stall, thus lowering the stalling speed. Initially, the choice of the
airfoil determines the Clyaxe Increasing the camber increases the Cryy and
simultaneously changes the angle of zero 1lift.
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ngi DOUBLE-SLOTTED FLAP

FLAP CONFIGURATIONS

Figure 6L4.

Having established the airfoil design, the most common method of increasing the
1ift potential is in the use of flaps. There are, of course, many types, some of
which are shown on Figure 64. The selection of the size and type is determined
as a result of compromise. The effect of flaps is similar to increasing the cam-
ber of the airfoil. While the maximum lift coefficient is increased due to the
flaps, the drag is also increased. The effect of the increased drag is to de-
crease the speed; this is desirable during landing. The use of flaps produces
certain changes in the characteristics curves for the wing as shown on Figure 65.
There may be slight variations fromthose shown due to the various flap configur-
ations.
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flap
retracted

Cp a«

Figure 65.

In order to further increase lift, and also to help balance the pitching effects
of large trailing edge flaps, it may be necessary to add flaps or similar de-
vices to the leading edges of the wing. Such devices can increase capability

in either of two ways: they may increase camber and they may provide smoother
flow or boundary layer control to suppress flow-separation tendencies. Adjust-
ing the leading edge or putting on a flap as in Figure 66 allows the wing to be
rotated to a high angle without as much tendency for the flow to separate. The
flap leads the air over the edge in a smooth manner without asking it to flow
backward from a stagnation point under the chin. Without such help, the stream-
lines over the edge, as shown in the dotted lines, lose so much energy that they
tend to separate.

Figure 66.
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Further help may be obtained by introducing energy into the airstream just behind
the leading edge where the separation tendency is felt. This might be done by
using a separate energy source such as a suction or blowing device, or it may
utilize the energy of the airstream by taking high pressure air from under the
wing through a slot to the upper surface as shown in Figure 67. The structure

in front of the wing which forms the slot with the wing is called a slat. It

may be fixed or movable to allow the slot to be closed at low angles of attack.

—

NN

Figure 67.

Of particular interest is the improvement in the behavior of the airplane near
the stall. Ideally, the maximum 1lift coefficient is increased, providing a re-
duction in the stalling speed. This effect is shown in Figure 68.

A<e———— effect of slot

Figure 68.
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There are other devices which are similar to the trailing edge flap, but differ
in that they do not contribute to the 1ift. In fact, the purpose of these de-
vices is to do just the opposite; either destroy 1ift, or add drag to the air-
plane. These devices are spoilers, dive brakes, and speed brakes.

Sometimes it is advantageous to employ spoilers on the wings. These may be used
either separately or in conjunction with ailerons to produce roll. On very
clean airplenes it is sometimes necessary to provide dive flaps or speed brakes
to either limit or reduce the speed of the airplane, or increase the glide angle.
Typical examples of these devices are shown in Figure 69.

-

~

DIVE FLAPS

Xy

4 é

SPOILER-SPEED BRAKES

SPEED BRAKES

Figure 69.

1-21 HIGH-SPEED FLIGHT

It is obvious that the adverse effects of compressibility must be minimized for
successful flight at high speeds. The means for doing this has been evolved from
countless wind tunnel tests over a period of years.

It is reasonable to expect that compressibility difficulties will be minimized 1if
the local velocities over the airfoil surface are kept as low as possible. In
other words, the air passing over the airfoil surface should be accelerated a
minimum possible amount, since the compressibility problems are a function of the
local Mach number. If the airfoil is very thin and does not have any abrupt
changes in contour, the above result will be obtained.

Another varisble at the disposal of designers is the amount and type of camber
used in the airfoil section. Still another tool available for alleviating the
adverse effects of compressibility 1s the use of sweepback. Consider first two
{dentical wings; one with no sweep and the other with some arbitrary sweep angle,
A, as in Figure T0.
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Vv Vtan A

Figure TO.

Assume that in both cases there is a velocity, V, acting perpendicular to the
leading edge. In the case of the swept wing this velocity is one of the compo-
nents of the remote velocity which acts at an angle A to the leading edge, and of
magnitude V/cos A. The other component is V tan A which can be made to act
parallel to the leading edge. This latter component can be seen to have no ef-
fect on the 1ift and drag pressure forces since the air flows along parallel
lines of constant elevation. The pressure distribution is effected only by the
flow perpendicular to the leading edge. It is apparent that the free stream
velocity can be increased by a factor 1/cos A over that of the straight wing for
equal aerodynemic forces. This implies that the critical Mach number of a wing
with sweepback is increased over one without sweep by the factor of 1/cos A.
Although sweepback is beneficial for increasing critical Mach number, the above
factor is too optimistic for predicting the effect in three-dimensional flows.
Such things as spanwise flow, boundary layer thickening near the wing tips, and
spanvise loed distribution meke it impossible for such a simple relationship to
be valid.

The effect of sweep on the drag rise curve of an airfoil may be seen on Figure
71. At the same lift coefficient; one wing unswept, and the other with sweep,
both having the same thickness streamwise, there is a noticeable difference in
the drag critical Mach number. The definition of drag critical Mach number from
the drag rise curves is somewhat arbitrary but is usually defined as the Mach
number at which a .0020 increase in Cp has occurred over the incompressible Cp-

Another device used to alleviate the effects of compressibility is the vortex
generator. When airflow separation due to compressibility occurs,it is always
associated with the formation of a shock wave resulting in an adverse effect upon
the boundary layer and the airflow characteristics downstream of the shock wave.
To relieve this adverse effect, energy must be given to the air in the boundary
layer to accelerate the slow moving particles, thereby preventing separation.

The vortex generator is designed to do this job.
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Figure 1.

The vortex generator is actually a small low aspect ratio wing placed vertically
at some angle of attack on the surface of the large wing. The generator will
produce 1lift under these conditions,and it will also have an asgociated tip vor=-
tex. This vortex will be large relative to the generator since the aspect ratio
ig small. The characteristic cork-screw shape of the vortex results in consider-
able vertical height. An illustration of the generator action is shown in Figure
T2.

e

S —— —3p— direction of flow
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generator

vortex
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=il boundary layer
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Figure 72.
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The generator is taking relatively high energy air from outside the boundary
layer and mixing it with the low energy air in the boundary layer. Obviously,
the size and location of the vortex generator must be such as to penetrate
through the boundary. The number of generators and the orientation on the wing
has largely depended on flight test investigation. The addition of vortex gen-
erators, while beneficial in some respects, is not made without some cost. The
small airfoils obviously produce additional drag, 8O the overall estimate of

the worth of the generators must take this fact into account.

1-22 AIRPIANE AND ENGINE PARAMETERS

For an airplane to be in level, unaccelerated flight, thrust and drag must be
equal and opposite, and the 1lift and weight must be equal and opposite according
to the laws of motion. Thus, as shown in Figure T3:

T=D (135)

L=W (136)

L
A

Y
. W
Figure T3.

Equations (104) and (105) are useful in another form which may now be developed.

Rewriting equations (104) and (105):

=CD3%P v

D=CDS—12—p V2
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It should be remembered that:
=L
a
or, V=DM

Writing the speed of sound, equation (50), for the general and sea level standard
conditions, it is convenient to divide the former by the latter, thus :

a =, /ngT
At sea level, ag 1/ygFtTQ

Therefore, a T
a0y To
or, a=2ag,/0 (137)
Substituting for V2 in equation (104) results in:
1
L= CLS?pM2a020 (138)
Also remembering that:
=00
= £
o Po

equation (138) may be rewritten thus:

% T 2
L=C8 5 ko §M2a (139)
Since p, and a, are both standard values for alr, and are:

po = 002377 slugs/ft3

ap = 1116.4 ft/sec

equation (139) mey now be written with the above values substituted.

L= 1u81.thM25 5

or, % =1 h81_hCLM25 (1L0)

In effect, 1481.4 M?§ was substituted for 1/2 p V° in equation (104). The same
reasoning mey be applied to equations (105, (135), and (136), producing:
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_157_ = 14814cMP8 (143)
W= mal.l.sLMEs (1k2)
5

3= 1481uc s (143)

These equations form the basis of many performance calculations and, although
they are merely the 1lift and drag equations modified, mey appear somevhat strange.
It should be noted that Mach number instead of true airspeed is used as the vel-
ocity parameter. This is logical since Mach number is the more signigicant para-
meter when considering high speed aircraft. The use of Mach number, however,
introduces the pressure ratio, 8§, into the equations. This quantity is placed

on the left side of the equation to make the new parameters, W/& and T/8.

Since & is a function of altitude, for a given weight and thrust, W/6 and T/8
will vary with altitude. The turbojet englne responds basically to pressure and
temperature, as will be shown in the following section. Above 36,089 feet alti-
tude, the temperature is constant in the standard atmosphere. This means that
thrust under any specific condition of engine RPM and airplane speed will vary
directly with the ambient atmospheric pressure. The thrust, then, will decrease
in proportion to the pressure ratio, §, as altitude is increased above 36,089
feet. In other words,T/d will remein constant under these conditions. Thus,
T/8 is a logical parameter on the basis of the engine characteristics,since it
will be found that much of the jet operation will be above 36,089 feet. Since
T/8 is to be used as a parameter, then W/8 must be used to be consistent.

The application of equations (142) and (143) to performence computations is mede
in the following manner. The value of Cy at a given W/8 and Mach number may be
computed from equation (142). Knoving Cr, and Mach number, the corresponding Cp
may be found from an airplane polar such as shown in Figure 53. This will enable
one to calculate T/§ from equation (143). Selecting a range of Mach numbers for
the given W/B as before will result in a series of points defining a curve which
may be plotted on axes of T/B and Mach number. By selecting several values of
W/8 , more curves may be obtained, resulting in a "family" of curves as in Figure
74. These curves now define the T/B required by the engines to fly in level
unaccelerated flight. '

On this same plot may be superimposed lines of T/S avallable from the engines

at various altitudes. On Figure 74 the available thrust is shown for 36,089 feet
and up, and for two altitudes below 36,089 feet. This plot is the basic jet
airplane performance plot and is the source of much performance information. As
will be shown later it can be used to determine rate of climb, and with the
appropriate engine fuel consumption data superimposed, range and holding perfor-
mance. For the present it will be sufficient to note that the intersections of
the thrust available and thrust required curves will determine the maximum level
flight speeds attainable at each altitude.

It will be noticed that the thrust parameter, T/8 , will be notated frequently
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M
Figure Th.

as Fn/s in succeeding chapters; however, the two terms are identical. In engine
analysis work, it is helpful to use the term net thrust, Fp, as distinguished
from gross thrust, Fg. The significance of the latter terms will be discussed
in Section 2.
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2=1 GENERAL TURBOJET DEVELOPMENT

Probably the first demonstration of the principle of jet propulsion was made by
Hero, an Alexandrian philosopher, near the beginning of the Christian era. Hero's
apparatus consisted of a hollow sphere mounted so as to rotate between two sup-
ports. Through one of the supports was piped steam generated in a closed vessel
over a fire. Two nozzles were attached at right angles on opposite sides of the
sphere through which the steam was ejected, causing the sphere to revolve. The
mechanism, called an aeoliphile was not intended as a device to do useful work,
but to be a showpiece of the inventor's ingenuity.

In 1629, an Italian engineer, Giovanni Branca, proposed the first turbine. The
device made use of principles already established by previous experimenters.
Branca's idea was to direct a powerful stream Jjet tangentially against open vanes
formed on the circumference of a wheel mounted on a vertical spindle. From this
wheel other mechanisms were to be driven at reduced speed through crude reduction
gearing.

Later in 1687, Sir Isaac Newton realized the possibilities of jet propulsion by
the formulation of his third law of motion: that action and reaction are equal in
magnitude and opposite in direction. His suggestion was to propel a carriage by
the reaction of a steam jet through a nozzle. The carriage was a four-wheeled
vehicle supporting a spherical boiler with the nozzle on top directed toward the
rear. The speed was to be regulated by the driver controlling a steam cock in
the nozzle.

The first patent for a gas turbine was taken out by John Barber, an Englishman,
in 1791. The power-producing plant consisted of a gas producer and receiver, air
and gas compressors, a combustion chamber, a turbine wheel and speed-reduction
gearing. In 1849, Charles Golightly obtained a patent for an aircraft operated
by jet propulsion. The power unit consisted of a steam boiler and exhaust jet.
This idea, as was true of most others in those days, never passed the design
stage.

The first jet-propelled flight was made in Germany on June 20, 1939 in a Heinkel
HE-176. The power plant was a Heinkel-Hurt HE-S3 gas turbine unit. The maximum
speed was approximately 150 miles per hour. In 1940 in Ttaly, a jet flight was
made from Milan to Rome, a distance of 170 miles, by Colonel Bernardi. The air-
plane was a Campini design built by the Caproni Aircraft Company designated the
CC-2, and powered by an Isotta-Fraschini engine. The 900 horsepowered liquid-
cooled piston engine drove a three stage compressor and ducted fan with "after-
burning" equipment. The maximum speed was 205 miles per hour but could be in-
creased, with the afterburner on, to 230 miles per hour.

Air Commodore Frank Whittle of the Royal Air Force in England was highly inter-
ested in the potential of jet propulsion. In January 1930, Whittle filed applica-
tion for his first patent. The engine was designed around a centrifugal compres-
sor employing a new principle, that of using a turbine driven by the expansion

of heated compressed air instead of a reciprocating engine. The first success-
ful test run was made in 1937 and the first successful flight was made in 1941,
This engine, the Whittle W1, was the prototype for all British and American
developments in the succeeding years.
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The Whittle unit was sent to the United States in 1941 for further development

and manufacture. Within one year, an airplane equipped with two of the American

units was built and test flown. The aircraft was a Bell P-59 and the engines ~
were designated I-16 (J-31).

Early progress in the development of jet propulsion was comparatively slow. Re-
cent rapid progress has been due to the combined efforts of many persons engaged
in continuous research in high-temperature metallurgy, development of new fuels,
and the designing and testing of jet power units.

Improvements in the centrifugal flow engine and the development of an axial-flow
type compressor proved successful. Due to the smaller diameter and higher com-
pression ratios available, the axial flow engine has become more attractive to
the designer in recent years.

World War II brought about a number of other propulsion devices previously
thought unattractive economically. The need for higher speeds, altitudes, and
larger and heavier bombing platforms gave rise to developments in other than the
gas turbine or turbojet engine. Included in this category are the rocket, ram
jet, pulse jet, and turbo-propeller engines.

2-2 JET-REACTTON ENGINES

The primary purpose of all aircraft power plants is to impart a change in momen-
tum to a mass of fluid. The fluid may be air, air and combustion products, or
combustion products only. As will be shown subsequently, a change in momentum
is equivalent to an acceleration of a working mass producing a force, or thrust.

The propeller-equipped engine generates thrust by imparting acceleration to a
quantity, or mass of air. The jet engine accomplishes the same result. The
propulsive force reacts on the engine internal structure to give forward motion
to the aircraft.

The Basic Jet Powerplant

Gas turbines, or jet power plants, are of the type shown in Figure 1. The engine
has several jobs to perform and utilizes several different parts to do these
jobs. Conveniently enough, these parts can be designed into a small housing
with each member compatible with another. The atmospheric air enters the intake
duct, or diffuser, which serves to reduce the velocity somewhat and increase the
static pressure. A rotating mechanical compressor further increases the pressure
and delivers the compressed air to the combustion chamber. Here fuel is injected
and the mixture ignited and burned. The combustion product is then directed
against a turbine wheel where the mass is expanded to produce shaft power and
discharged through the exit nozzle to the atmosphere. The energy removed by the
turbine wheel is used to turn the compressor and power accessory units.

Unlike a piston-type engine which operates on a four-stroke cycle, intake, com-
pression, power and exhaust, all of which intermittantly occur in the same
chamber; the jet engine is designed for continuous operation, and each operation
occurs in a separate chamber.

D6-1420 Page 2.2



SECTION 2
JET ENGINES

| combustion |
—_—

,/—"J compressor | L Chamber turbine
— T o —
\T shaft l/
Figure 1.

In addition to the components already named, a typical jet engine usually in-
corporates also an accessory section, cooling system, starting system, lubrica-
tion system, fuel system, and often, a water injection system.

There are two widely used types of turbojet engines: centrifugal-flow and axial-
flow. The characteristics of each are pronounced; the primary difference is in
the compressor appearance. Although combinations of the two types are possible,
the axial flow type has appealed to engine and airframe manufacturer alike to
produce a most compatible arrangement for aircraft use.

Turboprop Engine

The turboprop is essentially a turbojet designed to drive a propeller. The
propeller operates from the same shaft as the compressor and turbine through
reduction gearing. The thrust is derived through the propeller for the most part
although as much as 20% may be obtained from jet action. This engine retains the
advantage of having a light weight and low frontal area, together with the ease
of installation that goes with turbojet engine design. In addition, it has a
high efficiency at relatively low speeds. However, present propeller design
limits the use of this type of powerplant to speeds below 450 knots.

Figure 2.
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Turbofan Engine

The turbofan version of an aircraft gas turbine is the same as the turboprop;
the geared propeller being replaced by a duct-enclosed fan driven at engine
speed. One fundamental operational difference between the turbofan and the
turboprop is that the airflow through the fan of the turbofan is unaffected by
airspeed of the aircraft. This eliminates the loss in operational efficiency
at high airspeeds, which limits the airspeed capability of a turboprop engine.
Also, the total airflow through the turbofan engine is much less than that
through the propeller of a turboprop. In the turbofan engine, 30 to 60 percent
of the propulsive force is produced by the fan.

o —

3 VTR TR !!ull

Iu“l BLLLLL |-| ll-l s

Figure 3.

Ramjet Engine

The ramjet is perhaps the simplest of engines in principle. Air is compressed
through a diffuser into a combustion chamber by the relative motion of the engine
and air. Fuel is introduced in the combustion chamber and burned. The hot pro-
ducts of combustion are expanded out of the nozzle, producing an exit velocity

in excess of that of the free stream. The resulting increase in the momentum

of the combustion product determines the thrust produced by the engine. Since
the combustion chamber pressure must be greater than ambient, the engine cannot
produce thrust unless there exists relative movement between it and the air. As
speed is increased, pressures in the engine increase and fuel economy is improved.
The potential of the ramjet lies in the transonic and supersonic speed ranges.
The main advantages of this type of engine are its simplicity, lack of moving
parts and tremendous potential power at high speeds.

P ¢ e
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Pulse Jet Engine

A modification of the ramjet is the pulse jet. It incorporates a disc in the
inlet duct with valves which alternately open and close as a function of the in-
take pressure and back pressure from combustion. This type of engine can be
started from a static condition. It has the disadvantage, however, of being
extremely noisy and in addition vibrates badly. Fuel consumption at lower speeds
is high; and at high speeds, the ramjet appears more promising. Its usefulness

is somewhat limited to pilotless aircraft.

Figure 5.

Rocket Engine

The rocket engine is a self-contained powerplant which does not depend on atmos-
pheric air for operation. The fuel used in the rocket is either solid or liquid
depending on the type of rocket. An oxidizer is carried along with the fuel,
and an ignition system is installed if such is necessary. Most rockets burn fuel
and oxidizer at a constant rate; therefore, a constant thrust is produced. The
burning gases expand out of a nozzle and produce mechanical energy; hence,
thrust. The static pressure at the nozzle exit influences the thrust; since
expansion to low pressure aids in converting thermal energy into mechanical
energy, thrust is increased with altitude. The rocket engine has the greatest
potential of all since it does not depend upon the atmosphere for combustion.
There are few moving parts and maintenance problems are minimized, but consump-
tion of the propellant is high at the present time.

N A

72\

Figure 6.
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2-3 ENGINE STATION IDENTTIFICATION

Tt is convenient to assign numbers to the stations separating the major compon-
ents of the engine. The station numbers may vary somewhat between manufacturers
and types of engines, however. For example, the Rolls Royce Company refers to
the low pressure compressor inlet as station 1, while the Pratt and Whitney and
General Electric Companies refer to this position as station 2. Figure T shows
the station identification for single and dual rotor systems including the turbo-
fan and by-pass enginese.

SINGLE ROTOR
|
am
DUAL ROTOR
am
BY-PASS
TURBOFAN
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2-L4 ENGINE PARAMETERS

The performance characteristics of the turbojet engine can be obtained from non-
dimensional plots of engine data. The basic performance curves of gross thrust

Fg, airflow, Wg, and fuel flow, Wr, are derived in terms of the following (for a
single rotor engine):

Compressor inlet total pressure, Pt,
Ambient static pressure, pgy

Turbine RPM, N

Compressor inlet total temperature, Tt,
Linear dimension, D

Following the procedure used in the preceding section, a general (although arbi-
trary) relation may now be written for the fluid force, Fg.

Fg = C (pp)° (pam)® (MY (m,)° (D)° (1)

Newton's second law of motion written in terms of the fundamental units of M,
L, T i

F = B’I% (2)

Equation (1) is now written in terms of the fundamental units:
0o (2 (2P 3
T2 e/ \re)\T/\m=

With regard to the temperature factor, it will be noted that temperature is a
measure of thermal energy per unit mass and has the fundamental dimensions of
velocity squared:

vve
Tty = 2M

Therefore, the fundamental units of temperature are L2/T2.

Powers of like variables are now equated:

M: 1= a«+8
L: 1= -a-B +28 +¢ (&)
T: 2= 2a + 2B +Yy + 28

Since the above three equations contain five unknowns, it is necessary to express
any three equations in terms of two unknowns. Assuming pgy and Ty, to be of
least importance,«, Y,and € are found in terms of B and § :
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a = 1-8 N
€ = 1+ (1-p) +p - 2%
€ = 2-28% L
(5)
Y = 2-2(1-p) - 2B - 2%
Y = -2%
/

Substituting these values in equation (1), the following is obtained:

1-B B 28 5 2-28
Fg = C (pg,) (Pem) (M) (Tg,) (D) ——(6)
or, B 5
Fg = C Db, 2 (Pam> (Tt2> . (7)
Ptp) \ N°DP

The dimension, D, may be eliminated for a particular power plant for presentation
of performance data. Equation (7) may be shown simply as:

P oo (ptg)‘ﬂ w \78 (8)
Ptp DPam T‘tg

or, Fg/pt2 stated as a function of two parameters:

F N
Ptp Pam VT,

The numerical values of Fg/pt2 and N/\/Tto are not easily recognized as thrust
and RPM, therefore, it is more convenient to use a multiplying constant such that
the nondimensional groups are equal to gross thrust and actual RPM at standard
sea levef?@gﬁﬁitions. These parameters, referenced to standard sea level condi-
tions, are called "referred paramters."

'I'hus, Fg Po N\/To

and

Pto \Y% T‘tg

may become:

By defining:
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and,
pL
0, = b2
To
equation (9) becomes:
F Pt N
EEL = B =t 1F“) (10)
to Pam AY to

To develop an equation for air flow, consider the mass flow rate,
g, o B Y ) €
= -c(pp) (pen) (W) (Tgp) (D)
and in terms of fundamental units
o«
Mg l) P _1)Y 12 (v)f
T =) \rr=) \T T2

Equating powers of like variables

M: 1 =a+p
L: 0 =-a -B +28 +¢€
Te=1=-2a -2 -Y - 28
Therefore,
a=1-8
b=-3- %
€= 2+Y
and,
o - o (o) Poan)® (0 (1) 5 H(2 *

Vo g Per (meVP/m |\
g VTto  \Pam/ \VTi,

This, for a particular powerplant, can be written as

8
Wy, to = Pto : N (11)
LT Pam ~ V/0to
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In & similar way, to develop an equation for fuel flow, it is necessary to think
of fuel flow as potential energy flow; therefore

We = Energy/Time, -EEE%EL
e = C (og,) (o) (M) (Tp) (D

In terms of fundamental units

w2 (2] () o

and equating powers of like variables

M: 1 =a+§
L: 2 =-(e+pB) +28 + €
T: -3 = -2(a+B) -Y-2%
Therefore,
a= 1-8
5= 2-F
€= 2 +Y
and,

1Y
e = ¢ (05) Pl MY (mF () %Y

Q

Wp =

2 -B Y
pt, VB, D (2f2) 7 (B
Pam Tto

This, for a particular powerplant, can be written as

_We__ ptp N}
stgvgtg = 1 Pam ’ etg
Typical non-dimensional engine characteristics are shown in Figures 8, 9, and 10.

Data from charts such as these furnish the information for thrust - fuel flow -
airflow curves throughout the range of operation.

(12)

Performance curves published by the engine manufacturers showing the thrust -
fuel flow - air flow relationships may appear as in Figure 11 where the informa-
tion for this curve is obtained from Figures 8, 9, and 10. These curves are
available for various altitudes throughout the range of airspeeds from idle
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thrust to takeoff thrust. Sometimes the fuel consumption data are presented in
terms of "thrust specific fuel consumption," TSFC, which is fuel flow divided by
net thrust. In this form, the data are more easily used for airplane performance
calculation.

It should be noted that the term, net thrust, Fp, has been used. Net thrust is
the total usable force derived from the engine by accelerating the air mass.

Fn= Ma
)i
Boo= M ﬁt
M
But,
M W
At T g
and,

AV = V5 - Vg,

where Vg, is the freestream (or airplane) velocity; therefore,

Fn = % (Vj - Va) (14)

Thus, the net thrust is the difference between the force of the airstream at the
tailpipe and the force of the airstream at the inlet. Since the first term is
the total force output of the engine, it is known as the gross thrust,

Wg,
Fg = =2 Vj (15)

Since the force at the inlet tends to reduce the usable thrust, it is called ram
drag,

Fp = % Ve, (16)

By adding the weight of fuel and its acceleration from a relative velocity of
zero to jet velocity, the equation for net thrust may be rewritten:

Fp = Y (V5 - Va) + S (vy - 0) (17)
g g

Since the last term of equation (17) is small in comparison, it is often neg-
lected.

Tt is noteworthy that Newton's third law of motion explains why thrust (a force)
is obtained from the ejection of mass from the nozzle of a jet engine. The sec-

ond law indicates the magnitude of thrust as shown by equation (14). This
equation or variations will be amplified in subsequent chapters.
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To see that discharge total pressure, pt7 and pressure ratio, Pt7/Ptg are valid
indexes of thrust output of the engine, consider ram drag as a function of veloc-
ity as shown in equation (14). Therefore, at a fixed speed, net thrust will vary
as gross thrust. Airflow rate in the above equations may be considered in terms
of the continuity equations:

L& - pAV (18)

where A and V are the jet nozzle throat area and velocity. Thus equation (15)
becomes,

pAV(V)

Fg

Fg

p AV2 (19)

Substituting Mach number for velocity,

Fg = PAMEaE (20)

By use of the basic relationships:

a =\/YgRT
_ p

p = gRT

equation (20) can be written as
PAM® Y gRT
Fg = e D
gRT
Fg = PAME Y (21)

It should be noted that the pressure, p, used in equation (21) is the static
pressure. Thus, gross thrust varies with static pressure and Mach number, since
A and Y are constant. But static pressure is related to total pressure, pt, as
shown in section 1:
Y= o\
by _ = 2 .
T_(1+TM)

By substituting this relationship into equation (21),

p o Dt A7 MPPY
g (1 +I§_1. MTE)Y/Y'1

It may be seen from this equation that gross thrust, and therefore net thrust,
is a function of total pressure in the exhaust nozzle, pt7.

(22)

Fn = T (ptq) (23)
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In the same way, applying the same analysis to flow into the engine inlet yields,

2 3
Ptp fAp M7y
(1 +1g] W2 WY1 (2k)

Fr=

Since Fp = Fg - Fy

p, = 2677 M2 Yq - Prolp M2 Yo
1 +¥=1 2)VY (4 v g 2)YY
( 'TfL 7°) ( _sz )

Fo _ Pt7 AP Vg Ao M2 V2

2

Py

F
2= —— £ (AV,T)exhaust = £(AV,Tinlet
8t,  Pte

This analysis shows that net thrust is a direct function of geometric design,
inlet airflow conditions, exhaust flow conditions, and engine pressure ratio.

The exhaust flow conditions are determined by inlet conditions, compression ratio
and fuel flow (throttle position). Therefore, an engine of given design will
yield net thrust proportional to EPR, Pt?/ptg, when operating at a given alrplane
speed, altitude, temperature, and thrust lever position.

F, = f (EPR) (25)

Since PtT is really an index of gross thrust whereas EPR is an index of net
thrust, if Pt7 is used as the basic thrust index in an application, it should be
corrected for changes in inlet ram conditions. Therefore, on aircraft, where
inlet conditions vary over wide extremes, EPR is preferred and recommended as

the thrust setting variable. Thrust is not measured directly in engine installa-
tions on airplanes.

Although RPM is sometimes ¢onsidered to be an adequate thrust index for setting
power on centrifugal-flow engines, it is not often used with axial-flow machines.
Its use is usually limited to that of a secondary index employed to check the
thrust-power set by means of EPR or as an emergency index in case of failure of
the pressure instrumentation. Several reasons for not using RPM as the primary
index are these:

(1) Since high-pressure RPM, Np, on dual-spool engines, or compressor RFM on
single-spool engines, is governed by the fuel control unit, RPM does not
provide an accurate means of determining what the rest of the engine is
doing. In fact, the control unit may change the Np RPM to compensate for
problems in other parts of the engine.
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(2) Since most engines are "trimmed" by a fuel control adjustment to produce
rated thrust at a fixed thrust lever position under standard operating
conditions, RPM will vary slightly from engine to engine due to manufac-
turing tolerances compensated for by changes in trim speed. Accounting
for such small differences makes operation of multi-engine airplanes
difficult.

(3) The net thrust output of the engine does not vary in direct proportion to
the RPM over the entire thrust range.

(4) On dual-spool engines a one percent change in low-pressure RPM, Ny, re-
sults in about four percent change in thrust in the flight portion of the
operating speed range. A one percent change in high-pressure RPM, Np,
or in RPM of the single-spool engine, results in a five percent change in
thrust.

Thrust output is much less sensitive to changes in Ptq oT EPR. As shown in Fig-
ure 12, a one percent variation in exhaust pressure results in only one and one-
half percent change in net thrust.

1mF— — —— —— — — — 1MmF— —— — — —— —

% THRUST
e

% THRUST
—

|
|
I
l
I
|
|
|
|

— -4—— —> |
I
hd 'normal! ! " normal 'MAX
idle $N2 RPM ‘operating idle pt7 operating
range jqz; range
Figure 12.

The relationship of Pt7 to Pto may be shown for dual rotor engines to be:

pth pt5 ptT pt7
X # = , (26)
Pty Pty Pts Pty

The ratio Ptu/Ptg is compression ratio,which varies with RPM changes. The ratio
PtS/Ptu is the burner pressure loss and is considered constant. PtT/Pt5 is the
turbine expansion ratio which is a function of jet nozzle and turbine areas,
which are usually constant.
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2-5 ENGINE EFFICIENCY

One of the first laws of thermodynamics states that heat and work are two forms
of energy, and that they are interchangeable. This means then, that work can be
converted into heat, and heat converted to work. The first process is, of course,
possible, but the exchange of heat to work is not possible without losses. The
ratio of work produced to the heat energy supplied represents the efficiency of

a process. The most efficient engine, for example, would be a type that would
receive heat at the highest temperature conceivable and exhaust its gas at the
lowest temperature possible.

All propulsion devices are heat engines that convert fuel energy (heat energy)
into mechanical energy in combination with a system for converting the mechanical
energy into useful thrust. The efficiency of a propulsion unit can be expressed
as the percent of total heat energy of the fuel that is converted to work. This
is sometimes referred to as over-all efficiency, My, to distinguish it from
thermal efficiency, M, or propulsive efficiency, ﬂp.

N _ Useful work done on airplane (27)
© = Heat energy of fuel

Over-agll efficiency is the product of thermal and propulsive efficiencies, or:

M, = Mt Mp (28)

where, ) _ Mechanical work produced in system (29)
t = heat energy of fuel

iy N - Useful work done on airplane (30)
P T "Mechanical work produced in system

The numerator of equation (29) may be developed by observing that work is
measured by the product of a force and the distance through which it moves in
the direction of the force.

Work = F s
where, r - Va (Vj - Vg)
g
and, . (Vs + Va) &
2
Therefore,
work _ Wa (V5 - Va) (V4 + Va,)
unit time ~ g D)
Wa, (V52 - Vg2)
s S e , Tt 1b/unit time
unit time °g
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The denominator of equation (29) may be determined by evaluating the energy of
the fuel. The constants J and Hr are

J

He

Energy
unit time

778 £t 1b/BTU

1l

18,400 BTU/1b

J He We , £t 1b/unit time

Mathematically, thermal efficiency of a turbojet may be expressed as

W,
- (V52 - Va2)

2
Ny = & (31)
J Hy Wr

In the gas-turbine type engines, the greatest portion of heat energy input is
utilized in driving the compressor rotor. Anything which will cause an increase
in the air mass and air pressure head available to the combustion chamber (com-
pression ratio) with no further increase in heat energy input will naturally tend
to improve the thermal efficiency.

Two outstanding methods in obtaining such an increase in thermal efficiency would
be improvement in compressor efficiency or increase in combustion chamber temper-
sture. If a compressor's ability to pump air with less losses could be increased,
then the same mass airflow and compressor ratio could be obtained with less
energy input to the compressor, which would result in less fuel flow (heat energy
input) for the same thrust output. The increase in combustion temperature re-
sults in an increase in tailpipe velocity. This, in turn, results in a higher
thermal efficiency as seen by equation (31)

A jet engine's thermal efficiency will tend to improve with air speed due to the
ram effect. Ram pressure, when multiplied across the compressor by the compres-
sor ratio could mean an improvement in Wa and combustion chamber pressure head,
and thus increased thrust output, with little or no change in shaft energy input
to the compressor. Such an increase in useful output with no appreciable change
in heat energy input would result in raising the engine's thermal efficiency with
alrspeed.

A piston engine's thermal efficiency does not increase with airspeed because it
cannot take full advantage of the ram effect. Both factors affecting its output
are limited; RPM limited by bearing loading, and manifold pressure by detonation.
A gas turbine engine operates on a low pressure cycle and, therefore, is not
limited by detonation. It is, however, limited by a maximum allowable internal
operating temperature dictated by the structural strength and materials of the
gas turbine's component parts.

The numerator of equation (30) may be developed by determining the work done on
the airplane (per unit of time) as the product of thrust and velocity, (power).
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power = TV
Vg,
thrust = — (V5 - Vy)
velocity = Vg
W
work a
unit time =~ g (VJ - Va) Va

Mathematically, propulsive efficiency of a turbojet may be expressed as:

Wa.
— (V5 - Vg) Vg
n, =
Ve,
—— (V2 - Va2)
2v,
Tp = Vi + Vg (32)

The effect of fuel flow is negligible in the above equations.

By inspection of equations (31) and (32), the variables influencing the thermal
and propulsive efficiencies may be recognized. How these variables affect the
operation of the engine is discussed later. The average jet engine has a over-
all efficiency under static sea level conditions of 20 to 25 percent, while
aircraft piston engines have efficiencies of 25 to 30 percent.

2-6 PRESSURE - VOLUME CYCLES

Engine cycles can be described most easily by the use of pressure - volume dia-
grams. The diagrams depict the process to which the gases are subjected begin-
ning with atmospheric pressure, through the complete compression and expansion
processes, and back to atmospheric pressure again. The area inside the curve in
the diagrams represents the work done in the process.

The Otto or constant volume cycle of the piston engine is perhaps the most com-
mon, and is shown in Figure 13. The diagram shows the suction and exhaust strokes
of the cycle as a dashed line representing a condition where the mass in the
cylinder is changing. At the start of compression, the pressure is atmospheric
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or nearly so. The pressure is increasing from 1 to 2 as the piston moves to de=-
crease the volume. From 2 to 3 the volume is essentially constant, giving rise
to the descriptive name of the cycle. During this time, ignition occurs and the
pressure increases. During the expansion or power stroke, 3 to M, the pressure
is relieved and the volume increases due to piston movement. The exhaust begins
at point 4 and the pressure reduces to atmospheric again.

combustion

Figure 13.

The turbine jet cycle is known as the Brayton or constant pressure cycle. It
operates at much lower pressures than does the Otto cycle to obtain maximum
efficiencies and lower fuel consumption rates in addition to compressor design
considerations. This cycle is shown in Figure 14. From 1 to 2 the air is
entering the inlet and is being compressed from 2 to 3. TFor cycle analysis it
is immaterial that the work of compression is done partly by the intake diffuser
and partly by the rotary compressor. Point 3 represents the pressure achieved
by the compressor and is essentially maintained throughout the combustion pro-
cess. From 4 to 1 expansion takes place through the turbine and exhaust nozzles,
returning the pressure to its initial ambient condition. The total air mass in
the jet cycle represents not only air for combustion (the primary air), but also
cooling air, often referred to as dilution air.

In the Otto cycle, combustion occurs at constant volume with the result that the
pressure rise is of great magnitude. In the Brayton cycle, however, combustion
takes place at a constant pressure, resulting in an increase in volume. It
should be noted that in the turbine engine each operation in the cycle is per-
formed continuously and by a separate component designed for the particular
function. In the reciprocating engine, the cycle is repeated intermittently in
one section of the engine designed to accomplish more than one function.
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combustion

ambient

Figure 1k4.

Superimposing the Jet constant pressure cycle over the piston constant volume
cycle, as in Figure 15, a comparison of the two may be made.

constant volume cycle

= ~¢—— constant

ambient ~._ Dressure cycle

Figure 15.

The area bounded by the lines on the p-v diagram represents the useful work out-
put. The work output of the reciprocating engine is derived by means of 1its
high pressures. It is possible to develop pressures over 1200 psi in the cylin-
der of a piston engine during the combustion. With further increases in volu-
metric compression ratio, a greater amount of work may be harnessed from a given
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quantity of fuel. This, of course, improves thermal efficiency which in turn
results in improved economy. Present Jet engines develop pressures in the com-
bustion chamber over 150 psi. When ways are found to increase compressor effi-
ciencies, the useful work output will increase, and, in addition, the thermal
efficiency will improve.

Further comparison of the two basic engine cycles shows that the jet engine gains
useful work by expanding the gases down to atmospheric pressure where expansion
outside the jet nozzle occurs. In the reciprocating engine, the expansion takes
place across the exhaust valve and exhaust duct and is therefore lost to the
cycle as useful work.

2-T7 COMPONENT DESIGN

A study of engine components and their design will serve to increase the under-
standing of the operation of the engine and its performance. This study is meant
to be general in nature; if design details are needed, the reader should go to
the basic engine - manufacturer's literature for the engine in which he is inter-
ested.

Air Inlet Duct and Diffuser Design

The air inlet duct is usually designed by the airframe manufacturer and not by
the engine manufacturer. However, the design of the duct is so important to
engine performance that it must be considered in any analytical discussion of
the complete engine. Since a gas turbine engine is consuming large quantities
of air and is operating at high airspeeds, any inefficiencies of the duct result
in large losses throughout the engine.

The inlet duct has to accomplish three functions; first, it must be able to re-
cover as much of the total pressure of the airflow as possible (known as "ram
recovery") and deliver this pressure to the engine compressor with a minimum
loss; second, the duct must deliver the air to the compressor inlet with as
little turbulence as possible; and last, the duct must accomplish items one and
two above holding to a minimum the drag effect it creates. In other words, the
alr inlet duct is so designed as to reduce energy losses in the form of aero-
dynamic drag or through ram pressure drop.

The shape of the inlet duct and diffuser depends largely on the Mach number for
which it is designed. Duct design for airplanes flying supersonic speeds is
different than for airplanes flying subsonic speeds. The following write-up will
be for subsonic Mach numbers. From Figures 8, 9, and 10, it can be seen that a
high ram pressure ratio, Ptg/Pam, ahead of the compressor will result in high
corrected thrust, F/stg; high corrected airflow, wa\/otg/stg; and low corrected
fuel flow, Wf/stg\/etg. A high ram pressure ratio gives a high ram efficiency,

Ram efficiency, My, = Pt2 - Pam (33)

de

where gc is the free-stream dynamic pressure including compressibility effects.
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A high ram efficiency can be obtained in the inlet duct if the friction loss and
separated flow are kept to a minimum. For pod type engine installations, fric-
tion losses are insignificant and flow separation is of prime importance. In
order to reduce internal duct separation for pod type engines, a low inlet velo-
city ratio, V1/Vo, is desired. To accomplish this, a good portion of the decel-
eration may be designed to occur before station 1 since compression in this
region is isentropic and compression aft of station 1 involves duct losses. This
process of converting directed kinetic energy into pressure is called diffusion.
From an engine standpoint, the more diffusion that occurs ahead of station 1 the
better. See Figure 16.
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Figure 16.

A high inlet velocity ratio (Vﬁ/Vb near 1) is undesirable since the large decel-
eration of the air inside may cause flow separation from the walls of the inlet
duct. This separation inside the duct takes place because of the high adverse
static pressure gradient, resulting in a reduction in ram efficiency.

Actually, a more serious consideration is the fact that the inlet may not pass
the required airflow for take-off. For many engines, if the inlet is designed
for cruise with V1/Vo = 0.8 or higher, the inlet will actually choke at take-
off conditions and thrust is seriously affected. In practice,the upper limit
of V1/VO 1s usually determined by the inlet size required for good take-off
pressure recovery.

So far, it appears that the pod type inlet duct should be designed for low V1/VO
(o4 to .5 maximum), but this relates only to the engine performance. Aerodynam-
ically, it is desirable to operate at high V1/VO in order to achieve a high-
critical-Mach-number designe For high V1/Vo the air does not have to accelerate
nearly so much in going around the inlet cowl lip as it does for the lower V1/Vb-

D6-1420 Page 2.23



SECTION 2
JET ENGINES

This reduces ram drag resulting from external diffusion. This problem becomes
more and more difficult as the desired maximum flight speed is increased.

Two considerations limit the length of the diffuser. First, the length must be
adequate to turn the external flow to the axial direction without incurring
large drag penalties. To avoid internal separation of the flow, the angle of
the containing wall and the mean flow path should be less than 3° for best re-
sults. Second, the diffuser must be long enough and have a lip shape such that
the flow within the diffuser will be insensitive to angle of attack. The dif-
fuser must not be so long that excessive friction losses will occur. The design
of the duct then becomes a compromise between a long duct with large viscous
friction losses and low turbulence, and a short duct with low friction losses
and a high order of flow separation and turbulence.

At the inlet to the compressor, it is desired to provide the most uniform pos-
sible velocity and total pressure distribution. Variations in either of these
factors result in deterioration in the performance by engine stalls or excessive
fuel consumption during normal steady-state operation.

Air Compressor Design

The purpose of the compressor is to increase the energy level of the air received
from the intake duct, compress it, and discharge it into a combustion chamber in
a desirable quantity and pressure. Most gas turbine engines employ rotary com-
pressors of either straight-through (axial) flow, Figure 17, or centrifugal
(radial) flow, Figure 18.

g 1 i -

stator blades—= : ‘, l

rotor blades

rotor

Figure 17.

The axial flow engine consumes about two to three times as much airflow per

square foot of frontal area as the centrifugal type. Since thrust is proportional
to airflow, the axial type enjoys a similar advantage in thrust per square foot

of frontal area. The axial flow engine also has a higher fineness ratio than the
centrifugal type. High fineness ratio (length to maximum diameter) and low
frontal area are both important considerations for minimizing drag in high speed
flighte.
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Figure 18.

Higher compression ratios can be obtained with good efficiencies in the axial
flow compressor. The centrifugal compressor may reach an efficiency of T75% to
80% up to pressure ratios as high as four. Above this range, the efficiency
drops off at a rapid rate. The axial flow compressor may have an efficiency of
80% to 90% over a wide range of compression ratios. Since the efficiency of the
compressor directly affects the fuel consumption and since high compression
ratios themselves induce good economy, the centrifugal engine is ruled out as

a high economy type. Satisfactory combustion at extremely high altitudes and
high efficiency combustion at intermediate altitudes may be practical only with
the high compression ratios attainable with the axial flow engine.

One highly important characteristic is the compressor efficiency. Compressor
efficiency is the ratio of the work that would be required to compress the air
if there were no losses involved (therefore purely theoretical), to the work
actually done including the losses. Since some losses will always exist, this
ratio, or efficiency, will always be less than 100%.

If calculations showed that, to compress the specified mass airflow to the de-
signed compression ratio, it would require 25,500 shaft horsepower energy rate;
yet under actual test, <ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>